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NOTICE 


This report was prepared as an account of Government -sponsored 
work. Neither the United States, nor the National Aeronautics 
and Space Administration (NASA), nor any person acting on behalf 
of NASA: 

A. ) Makes any warranty or representation, expressed or 

implied, with respect to the accuracy, completeness, 
or usefulness of the information contained in this 
report, or that the use of any information, apparatus, 
method, or process disclosed in this report may not 
infringe privately-owned rights; or 

B. ) Assiimes any liabilities with respect to the use of, 

or for damages resulting from the use of, any 
information, apparatus, method or process disclosed 
in this report. 

As used above, "person acting on behalf of NASA" includes any 
employee or contractor of NASA, or employee of such contractor, 
to the extent that such employee or contractor of NASA or 
employee of such contractor prepares, disseminates, or provides 
access to any information pursuant to his employment or contract 
NASA, or his employment with such contractor. 
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ABSTRACT 


The objecclve of the contract was the evaluation of potential 
reusable thrust chamber and injector concepts for the Space 
Shuttle Orbit Maneuvering Engine. The effort started with 
parametric engine calculations which were carried out by computer 
program for NpOij/Amine, LOX/Amine and LOX/Hydrocarbon propellant 
combinations for engines incorporating regenerative cooled and 
insulated columbium thrust chambers. The calculation methods are 
described including the fuel vortex film cooling method of com- 
bustion gas temperature control, and performance prediction. 

A method of acceptance of a regene rat ively cooled heat rejection 
reduction using a silicone oil additive was also demonstrated' 
by heated tube heat transfer testing. Technical and cost rating 
of the individual engines were carried out. Six thousand pound 
thrust colunibium thrust chamber assemblies were designed, fabri- 
cated and tested. Test results, using the columbium thrust 
chamber, verified that the predicted performance could be obtained 
with a modest margin at the design operating temperature. Regen- 
eratively cooled thrust chamber operation was also demonstrated 
where the injector was characterized for the OME application with 
a channel wall regenerative thrust chamber furnished to the 
program from a company sponsored effort. MMH regenerative cooled 
chamber tests exhibited an Isp of 317 seconds with low heat 
rejection and low nozzle extension temperatures. Boinb stability 
testing of the demonstration chambers/injectors demonstrated 
recovery for the nominal design of acoustic cavities. Cavity 
geometry changes were also evaluated to assess their damping 
margin. The final task of the program was to demonstrate that 
the originally developed 10 inch diameter combustion pattern 
could be compressed to operate in an 8 inch diameter thrust 
chamber. This task was completed with both performance and 
combustion stability demonstrated. 
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FOREWORD 


The purpose of this contract was to furnish information which 
would assist in the selection of a cooling scheme for the 
Orbit Maneuvering Engine for the Space Shuttle. In the course 
of the contract, the emphasis shifted from analytical technioues 
to design data assembly to the proof of concept of the insulated 
coluffibium thrust chamber and finally to a definition of combust ior. 
chamber operation. 

From the program results, each of the changing goals vras accom- 
plished with lata supporting the varied design concepts. Altitude 
thrust chamber data supported the contention that a non-actively 
cooled columbium thrust chamber of the OME size could be operated 
to the program requirements. Additional simulated altitude data at 
the Bell Aerospace Company's Test Center and at the NASA's White 
Sands Test Facility showed that a high performance regeneratively 
cooled thrust chamber was available and that facility bias was 
insignificant. The significant contributions of the program were 
the evidence that a reusable thrust chamber with 317 seconds 
specific impulse was feasible and the concept of reusability could 
also be applied to an insulated coliombium thrust chamber that would 
exceed a performance of 310 seconds specific impulse. 

To accomplish these tasks, substantial personal effort was required 
in various specialties including efforts in computer assembling 
and programming for the study efforts, data collection and dissem- 
ination, thrust chamber design and test operations. The successful 
completion of these major tasks was made possible by the cooperation 
and significant contributions of Messrs. John Burr, Willard 
Sanscrainte, Jerauld Panosian and Joseph Martino respectively. 

Mr. Sanscrainte' s assembly and coordination of the original program 
tasks into this document is also gratefull'/ acknowledged. 
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SUMMARY 


The requirement for longevity of the Orbit Maneuvering Engine 
for the Space Shuttle precipitated the requirement f'or a ^reusaole” 
thrust chamber concept. The term "reusable" was further defined 
to be an engine which could accomplish 1000 starts and 15 hours 
of accumulated run time. These duration requirements far exceeded 
current hai Iware capabilities, and subsequent’ Ly directly this 
program into a preliminary st’ady design and fabricate for proof 
sequence of tasks. The initial study entail. id propellant trade- 
off studies where the optimum propellant appeared to be LOX-MMH, 
with the NpO/j^/Amine propellants closely following. S’acsequent 
decisions directed demonstrations to be made with the N 2 O 4 -MMH 
propellant combination. 

The thrust chamber design study recommended in favor of two 
thrust chamber concepts including the high performance, but 
expensive, regeneratively cooled thrust chamber and a lower 
performance, less expensive, design called an insulated columbium 
thrust chamber. The final recommendation of the study emphasized 
costs and favored the insulated coliombiiim concept. 

The insulated columbium thrust chamber concept, being mildly 
xxnconventional, was considered to require proof testing, which 
was accomplished in the next phase of the contract. These 
proof tests included operation of a full size 10 inch diameter 
columbium thrust chamber at simulated altitude conditions. The 
testing was performed to prove both the capability of fabrication 
and the cooling, which would allow the proper limit of 2400°F 
wall temperatures. Several lengths of chambers were tested and 
a final performance of slightly over 310 seconds Isp was accom- 
plished. 

Subsequent interest in the columbixim chamber concept was reduced 
as further studies of the regeneratively cooled chamber Indicated 
that cyclic requirements could be achieved and the higher p3r- 
formancc of the regeneratively cooled chamber utilized. Subsequent 
program efforts emphasized the use of conventional injector 
design.-; with the regeneratively cooled chamber, combustion 
stability testing was a major portion of the effort. The concern 
in accomplishing adequate performance with the regeneratively 
cooled chamber came about when competing designs were found to be 
performance sensitive to fuel temperature. This sensitivity was 
not fjund using the Bell triplet injector design and led to the 
further testing for combustion stability at Bell and altitude 
performance test . 3 at WSTP as proof of concept demonstrations. 
Subsequent testing showed the acoustic damper combustion stability 
devices to be very effective, performance tests demonstrated 317 
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seconds specific impulse with a properly shaped OME sized nozzle. 
These altitude tests were performed with a channel wall regener- 
atively cooled company furnished thrust chamber in combination 
with a NASA furnished nozzle skirt. 

The final task of this progrsim was the design, fabrication, and 
demonstration of an 8.2 inch disiraeter triplet element injector 
which was compatible with the size of competing thrust chambers. 

All previous testing at Bell was accomplished using a 10 inch 
disuneter injector. Originally, the 10 inch injector design was 
based on extensive empirical data where the spacing and arrange- 
ment of the individual elements could be predicted from previous 
designs. The design of the 8.2 inch injector was a compromise 
where the primary injector parauneters maintained were the number 
and arrangement of injection elements and the type of element 
used. The testing conducted with the 8.2 inch injector confirmed 
this selection of parameters and the sea level combustion efficiency 
was measured at a value which would produce 316 seconds Isp on an 
OME engine. The limited stability testing conducted was also 
positive, prodTicing a design with substantial stability margin and 
fulfilling all of the OME requirements. A summary of the demon- 
stration tests performed within the program is as follows: 


PROGRAM TEST SUMMARY 
(Number of Tests Conducted) 

Injector 

SS 1 

Stainless 
Steel With 
Baffle 
(10" Dia.) 

A1 1 

Aluminum 
Flat Face 
With Damper 
(10" Dia.) 

PHT2 

Aluminum 
Flat Face 
With Damper 
(10" Dia.) 

Ar^ 

Aluminum 
Flat Face 
With Damper 
(8" Dia.) 

Type of Testing 

Injector Testing 
Performance and 
Heat Rejection 

18 

42 

18 

11 

Injector Stability 
(Bomb) Tests 

5 


60 

Columbium Chamber 
Demonstration and 
Evaluation (Alti- 
tude) 

21 

23 

26 


Regenerative Cham- 
ber Demonstration 
and Evaluation 
(Altitude) 



6b* 


*Includes 4? tests at the NASA. WSTF 
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I . INTRODUCTION 


This docuiuent is submitted in compliance with the Final Report 
documentation requirements of Contract NAS 9-12803, Space Shuttle 
Orbit Maneuvering Engine Reusable Thrust Chamber Program. The 
overall objective of the contract was the determination of the 
feasibility of potential reusable thrust chamber concepts for the 
OME by analyses followed by test evaluation of the principal 
candidates. The information and data developed supported the 
NASA-JSC and shuttle vehicle contractor Orbit Maneuvering System 
(OMS) studies and provided a firm technical foundation for the 
final definition of the OME engine. 

The program effort requirements were divided into the following 
tasks : 


Task I - Reusable^ OMI Thrust Chamber Eval uat ion: Definition of 

and parametric study of pressure fed engine assembly utilizing 
N2O4 oxidizer with MMH and 50/50 blend fuels. The baseline engine 
was defined as 6OOO lbs thrust, I25 psia chamber pressure with a 
nozzle exit diameter of 50 Inches. Three types of regenerativ-' 
cooled and one non-regenerative cooled thrust chambers were to be 
studied; channel wall, drilled al\imlnum and tubular regenerative 
cooled and insulated col\imbi\mi non-regenerative cooled. The 
engine assembly definitions included a stainless steel injector with 
appropriate thrust chamber attachm.ent, radiation cooled nozzle 
extension, gas actuated series - parallel redundant engine propel- 
lant valves, and engine gimbal mount. The required parametric 
output data included specific impulse, engine assembly weight, 
envelope and feed pressures for the range of design variables: 


Thrust 

Chamber Pressure 
Nozzle Exit Diameter - 
Mixture Ratio 
Nozzle % Bell 


4000 to 10,000 Ibf 
100 to 200 psia 
40 to 60 inches 
Optimum ±20 

Approximately 72 to 100 


The thermal margin definitions for the regenerative cooled engines 
and the nominal operating temperature of the columbium thrust 
chamber were established. 


The task also required a comparative assessment of the engine 
concepts based on technical and cost factors and the recommenda- 
tion of the preferred engine concept. 

Task II - Alternate OME P r opellant Combinations ; Effort similar 
to task I except that the oxidizer was LOX with' MMH, N2H4, propane 
and RP-1 fuels. The engine assembly definitions included an 
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ignition system. The preferred engine concept was to be 
established against the same technical and cost ratings as 
Task I. A final recommendation was also to be made considering 
both Task I and Task II propellants and engine definitions. 

Task III - Coluimbivim ’’hrust Chamber Design: Establish design 

based on the nominal engine definition of Tasks I and II with 
an exit area ratio of 15:1 and a characteristic length L* of 
30 Inches when assembled with the test injector. 

Task rv - Columbium Thrust Chamber Fabrication: Fabrication of 

task III thrust chamber. 

Task V - Columbium Thrust Chamber Testing: Injector checkout 

firings followed by tests of the chamber at altitude. Testing 
with and without external Insulation was required. 

Task VI - Alternate Cb Chamber Fabrication: This task was 

originally aerinea as "KeusaDie Ome Thrust Chamber Update", 
an update of the Task I and II studies based on program 
demonstration tests. The redefinition to "Alternate Cb Chamber 
Fabrication" was made to enable additional Cb chamber demonstration 
at reduced and increased L*, 26 ai.d 3^ inches r^espectively. 

Task VII - Heat Transfer Testing: The effort was added shortly 

after program go-ahead to evaluate silicone oil (SO) additive to 
MMH fuel. The SO additive was originally proposed for inclusion 
in the Task I and II studies for the regeneratively cooled chambers 
to reduce the average heat rejection to the fuel coolant. 

Task VIII - Alternate Thrust Chamber and Testing : The effort 

required test firings of the bOOO Ibf columbium chambers at 
altitude, with 26, 30 and 3^ inch L*'s with N204/NMH propellants. 
Tests with N2O4/5O-50 blend were also required. The tests were 
made at various values of f , the ratio of fuel vortex film 
■''^^llng flow rate to total propellant flow rate. 

Task IX - Injector Characterization and Stability Testing : 

^e task required characterization of injector operation for 
regenerative chamber operation. Heated propellant tests were 
required in water cooled hardware followed by short duration 
firing, bomb testing in an uncooled chamber with vortex film 
cooling flow rate set for regen operation. 

Task X - Regenerative Cooled Thrust Chamber Demonstration : 

Koqu i I'od test ing a1 I3AC of a 6000 Ibf regoncrativo cooled chamber 
will! I’r.'pi'l 1 ant.s . 
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Task XI - OME Model Injector; Required delivery to NAS<V of an 
injector employed lor chamber demonstration tests. 

Task XII - Heated Propellant Injector Stability Testing: 

Extended the range of injector bomb test conditions and included 
tests to define the steady state operating temperatures of the 
injector acoustic cavities. 

Task XIII - WSTF Test and Analysis Support: Called for delivery 

of the Task X hardware to the NASA White Sands Test Facility and 
engineering support at WSTF to conduct a series of regenerative 
cooled chamber firings with a full nozzle extension, area ratio 
equal to 76 . 7 : 1 * Post test data analyses and comparison with 
the Task X data was also required. 

Task XIV - Triplet Injector Dynamic Stability Testing: Called 

for bomb stability margin demonstration by reducing the acoustic 
cavity area and depths. Testing of a range of oxidizer tempera- 
tures with fuel fed temperatuie simulating regeneratively cooled 
chamber operation was also required. 

Task XV - OME 8 Inch Triplet Injector Optimization: Design, 

fabrication and test of an 8 inch triplet injector. The 
hydraulic characteristics were required to be consistent with 
OME operation and the test demonstrations were to include per- 
formance, heat flux and dynamic stability. 


The Initial contract Included Tasks I through VI. Tasks VII 
through XV were negotiated as contract changes and extended 
the contract completion date from 6/73 to 3 / 76 * Tack XVI, 
Injector Heat Flux Uniformity was dole ted. 
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II. PROGRAM SCHEDULE 


The program tasks were carried out as shown in Figure II-l. 

Task VII heated tube heat transfer testing was conducted to 
support the parametric engine studies and ratings of Tasks I 
and II. By agreement with NASA-MSC, the columbium demonstration 
thrust chamber design was started in the second program month 
in advance of the recommendations from the Task I and II effort. 

The fabrication of that chamber (Task TV) was complete in 
January. 

Initial columbium chamber testing under Task V was carried 
out with a 10 inch diameter injector incorporating baffles for 
dynamic stability. Task V was interrupted in May and J\ine to 
permit testing with higher perfomance injectors which were 
made available from company sponsored programs. Those injectors 
incorporated acoustic cavities for dynamic stability. 

Task VI consisted of the fabrication of a reduced L* columbium 
chamber which was evaluated by firing tests tmder Task VIII. 

Task IX Included test firings to characterize a 10 inch diameter 
triplet injector with acoustic cavities for operation with a 
regeneratively cooled chamber and to conduct initial evaluation 
of the bomb stability provided by the acoustic cavities. Task 
X consisted of test firings with an MMH cooled regenerative 
thrust chamber at BAG under simulated altitude test conditions. 

The chamber was then test fired at the NASA White Sands Test 
Facility (Task XIII) to confirm its projected performance with 
a full nozzle extension.* 

The additional stability characterization of the flat face 
triplet injector with acoustic cavities was conducted under 
Task XII with heated propellants simulating regeneratively 
cooled thrust chamber operation. Stability testing of the 
10 inch diameter injectors was completed under Task XIV which 
included additional geometric modification of the acoustic cavities 
and modified chamber film cooling. The program concluded with the 
evaluation of an 8 inch diameter Injector constructed and evaluated 
for performance, heat rejection and stability under Task XV. 

The initial input of Task I and II effort was made shortly after 
program go-ahead by "OME Parametric Data Two Week Data Dump”, 

BAG Report No. 8693-953003, July 1972. A limited number of cases 
were considered with emphasis placed on Isp as a function of 
regenerative cooling margin and Ido design throat temperature, and 
Isp versus 0/F and Pc for the nominal engine definitions. Engine 
feed pressures were given as a function of mixture ratio chamber 


II-l 




I. Reusable OME .Thrust 
Chamber 


II. Alterr.ate 0:-:E Propel- 
lants 

III. CeTtor.strate Thrust 
Chamber Design 

IV. Demonstration Thrus*- 
Chamber Fabrication 

ueTjonstration Thrust 
Chamber Test 

VI. Alternate Thrust Chamber 
Fabrication 

VII. Heat Transfer Te 2 *liig 

VIII. Alterr.ate '^.rust 
Chamber an ^ Testing 

IX. Stability Testing 

X. Regenerative Cooled 
Thrust Chamber 
Demonstration 

XI. OME Xolel Injector 

XII. Heated Propellant 
Ir. *e'*rr Ctatllltv 
Tea: ’.ng 

XIII. WcTf Test and Analysis 
Support 

XI7. Triplet Injector Dynamic 
Stability Verification 

XV. CVE Inch Triplet 

Injector Optimization 


BELL AEROSPACE CQKPANY 
FiaURE 31-1 

SCHEDULE OP PROGRAM TASKS 




Bell Aerospace Company 


pressure; preliminary engine weights were presented. The 
additional effort to complete the ADEPT computer program was 
outlined. Agreements were reached with the program monitor at 
the two week data dump meeting for the definition of regenerative 
cooled engine margin and several other definitions for the ADEPT 
program. 
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III- TASKS I AND II_- INITIAL ENGINE EVALUATION 


A. Pqrametrlc Study Peflnltlons 

The Task I propellant coi;*binations were limited by the contiact 
work statement to N2O4/MMH and N204/A-50- Tl*e logic for the 
selection of the alternate propellants of Task II incl'^ded the 
potential performance improvement relative to the Task I 
Amine propellants, handling characteristics and vehicle tankage 
requirements. Performance improvement and handling reduced 
the alternate oxidizer to liquid oxygen. Fluorine and oxidizers 
containing fluorine were considered unacceptable based on handling 
Other oxidizers, HNO^, H202> offered no performance improvement. 
The selection of fuels for use with LOX included regenerative 
cooling potential, sensitivity of performance with mixture ratio, 
potential ignition problems and cost. The review of fuels lead 
to the se] ■'ction of MMi:, A-50, N2H4, CoHo and RP-1 with N2H4 and 
C3H3 limited to non-regenerative cooled thrust chambers. 

The thrust chamber concepts were limited first by the reusability 
and long accumulated operating life required for the Space Shuttle 
Those requirements excluded ablative and heat sink concepts. 
Non-regenerative cooled thrust chambers were included because of 
their potential simplicity relative to regenerative cooled 
approaches where simplicity includes the elimination of the regen 
fuel heating circuit and the possible malfunction problems asso- 
ciated with that circuit for off-limits operation and to pressur- 
izing gas entrainment in the fuel feed to the eng'ne. Non- 
regenerative cooled designs were narrowed to a single approach, 
insulated coated columbium, based on the vehicle installation 
constraints (irhich eliminated a radiation cooled design) and the 
large technology base for columbium alloys and coatings. A 
beryllium inter-regen chamber is limited to lower thrust levels 
than required for the OME Reference 1. A graphite composite 
chamber presents excess ' /e durability problems, o^/her non-regen 
approaches, heat pipe, transpiration cooling, were considered 
advanced state-of-the-art approaches with many unresolved problems 
with respect to the propellants and thrust levels of interest. 

The list of regenerative cooled approaches was reduced to drilled 
aluminum, "channel wall" and tube wall designs. Drill>-d aluminum 
thrust chambers are supported by the many years of operational 
experience with the 16,000 lb. thrust BAG Agena engine. Relative 
to drilled aluminum, a drilled stainless steel chainber would offer 
the advantage of improved compatibility with atmospheric moisture 
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and HNOo where IDfO^ formation requires the malfunction of an N2O4 
leak into the chamoer together with atmospheric moisture, "nie 
improved compatibility of drilled stainless steel would be at 
the expense of reduced thermal margin and increased fabrication 
costs. Ihe "channel wall" regen chamber, stainless steel liner 
with longitudinal cooling slots and an electro-deposited nikel 
closeout is considered state-of-the-art based on several te 1- 
nology programs (Reference 2 and 3 )» and the similarity to 
O2/H2 chambers (including the SSME) employing a copper alloy 
liner with an E.D. nickel jacket. A single case of the tube 
wall chamber was Included in the studies for comparative purposes. 
*nie tube wall approach has the largest operational usage data 
base but also the potential problems of tube fabrication for the 
OME size engin s and the reduced reliability associated with the 
large number ci tube-to-tube j'oints. 

Tables I and II present a suiomary of the chamber cooling concepts 
and propellants studied and the nominal parametric range of the 
engine design characteristics. The concepts, propellants and 
design characteristics of the tables were based on the proposed 
effort as modified by contract negotiation with NASA- JSC. The 
inclusion of MMH + SO, MMH with 1 % silicone oil was based on 
BAG tests which showed an average heat rejection reduction with 
the SO additive with negligible change in performance. Several 
Agena stage launches have been made with SO additive to UDMH. 

Other tests have demonstrated the feasibility of MMH + SO as 
described in sub-section E. The definition of off-limits 
operating capability to be included in the engine point designs 
is disc"ssed in sub-section C. 

Table III gives the definition of data plots required to 
summarize the parametric calculations. Additional data to be 
generated for each point design is listed in Table IV. 

B. Basic Engine Description 

The common features of all engines studied were the definition 
of a stainless steel injector, a flexure type gimbal mount 
located near the thrust chamber throat, and a series parallel 
redtindant propellant valve assembly. The selection of a stainless 
steel injector was based on the long life and minimum servicing 
required for the space shuttle. An aluminum injector definition 
would reduce engine weight but add the complexity of aluuninum 
salt formation and corrosion in the presence of N2O4 plus moisture 
and atmospheric moisture alone. The specific selection of 304 
stainless steel was based on tests which showed that material to 
be least susceptible to potential hydrogen embrittlement from H2 
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TABLE I 


CHAMBER COOUWQ CONCEPTS AND PROPELLANTS 

OME 



PROPE 

LLANTS 

CONCE 

[?T8 

CALCULATED DATA 

TASK 

OXIDIZER 

FUEL 

CWR 

DAR 


a 

NOMINAL 

PARAMETRIC 

1 

N,04 

MMH 

k 

s/ 

^/ 

»/ 

✓ 

y/ 

y/ 



MMH^Si 

V 

✓ 


— 

/ 




50 ^ 

✓ 

✓ 


✓ 

✓© 


• 

II 

LOX 

MMH 

✓ 

y/ 



✓ 

y/ 



MMH + Si 

✓ 

✓ 


■■ 





50-50 


/ 



✓ 




N,H4 

— 

— 


✓ 

>/ 




CsHg 

— 

— 



y/ 




RPI 

✓ 




y 

y/ 











© NOMINAL ONLY 

@ PLUS 10K, Pq 126. DEX 40 • 60. CWR AND Icb 

CWR • STAINLESS STEEL CHANNEL WALL REQEN 

DAR • DRILLED ALUMINUM REGEN 

TWR • TUBE WALL REGEN 

Icb - INSULATED COLUMBIUM 











NOMINAL AND 



0 N, O 4 /AMINE EQUAL VOLUME TANKAGE 
0 MINIMUM LENGTH RAO OPTIMUM 


II 


DESIGN DEFINITIONS 



OFF LIMITS DEFINITION: 

+12^ 0/P 
-10^ Pc 

90^F Pj*opellant Feed Tenqperature 
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TABLE III 


PARAMETRIC DATA PLOTS 



Igp = CD ALTITUDE, ?0“F PROPELLANT FEED 

WT = TOTAL ENGINE ASSEMBLY WEIGHT 

LT = TOTAL ENGINE LENGTH 

FFP = ENGINE FUEL FEED PRESSURE 

“^MAX “ MAXIMUM WALL TEMPERATURE INSULATED COLUMBIUM 
dJ^ = ENGINE EXIT ENVELOPE FOR ± 7 ^ OIMBAL 

DEX = NOZZLE EXIT INSIDE DIAMETER 
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TABLE IV 


ADDITIONAL DATA - PRINTOUT 


(ALL DESIGNS) 

AREA RATIO 

c*, Cp, c* AND Cp EFFICIENCIES 
TOTAL FLOWRATE 
BARRIER FLOW FRACTION 
SUBASSEMBLY WEIGHTS 

THICKNESSES i DENSITIES, WEIGHT BREAKDOWN 
CHAMBER DIMENSIONS, Dt, D^ AND OTHERS 
BAFFLE WIDTH 

AREA RATIO OF COLUMBIUM TO TITANIUM EXTENSION JOINT 
COOLING MARGINS AT NOMINAL 

(REQEN) 

TEMPERATURE OUT OF JACKET 
NUMBER OF COOLING PASSAGES 
PASSAGE DIMENSIONS 

q/a, hs, gas 

AREA RATIO RBGEN TO COLUMBIUM EXTENSION JOINT 
COOLANT VELOCITIES 
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and H+ generated by the combustion process (Reference 4) . The 
common injector assembly definition included a 5 leg baffle to 
eliminate combustion stability sensitivity through the fourth 
tangential mode and acoustic slots at its outer periphery to 
dampen for the first radial mode of high frequency instability. 
Regenerative cooling of the baffle was selected to minimize the 
loss of combustion efficiency (compared to "flow through" 
cooling schemes with propellant injection from the baffle tips) 
and to insure low operating temperatures consistent with the 
OME thermal cycle life requirement. TSie baffle and injector 
face coolant slots were defined to eliminate all injector face 
welds to add to the thermal cycle life capab5.1ity. The injector 
concept included fuel-ox-fuel triplet injection elements except 
for the outermost elements which were ox-fuel doublets with the ox 
orifice closest to the wall. The triplet elements were taken for 
maximum combustion efficiency; the doublet elements provided 
maximum tolerance to orifice contamination plugging. Finally, 
the injector was characterized as providing fuel "vortex" film 
cooling. Vortex film cooling consists of injection of fuel 
through orifices drilled tangential to the chamber wall and 
perpendicular to the chamber centerline. The vortex fuel injec- 
tion occurs in a recess in the wall reducing the number of 
injection orifices required. The film cooling approach also 
provides circximferentially uniform film injection in the event 
of malfunction due to plugging of one or two of the injection 
orifices, a capability demonstrated with a 600 Ibf, fuel vortex 
film cooled chamber at BAC (Reference 5) . 

The definition of the series - parallel redxindant engine valve 
was made to maximize engine propellant valve reliability. The 
design characteristics of the LM Ascent engine valve assembly 
were followed. The valve was scaled to each engine point design 
to maintain a nominal pressure drop of 1.4 psi maximum across 
both parallel legs, matching the LM Ascent engine. 

A sketch of the flexure type gimbal mount for the regeneratively 
cooled and insulated columbium engines is shown in Figure III-2. 
The insulated columbium engines required a cylindrical structure 
to tie the gimbal ring to the Injector. The relatively high 
columbium chamber wall temperature precluded a direct structural 
mounting of the gimbal ring to the chamber. 

The channel wall regen thrust chamber (CWR) was characterized 
as a 304 stainless steel liner with electrical discharge machined 
cooling passages parallel to the chamber centerline. The cooling 
passage closeout and outer shell consisted of electro- formed 
nickel. The attachment of the injector to chamber was defined as 
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as a welded Joint (Figure III-3)- The thrust chamber was 
completed with a radiation cooled, columbium/titaniuir; nozzle 
extension bolted to the fuel coolant inlet manifold. The 
fi.3l coolant inlet manifold was located at a chamber divergent 
area ratio of approximately 10:1, the location being far 
enough out such that the uncooled nozzle extension would not 
exceed 2400“P at the design operating conditions. The attach- 
ment flange and higher temperature area of the extension was 
designed to use coated columbiiun. A titanium section completed 
the nozzle extension, with this section welded to the celumoium 
portion at an area ratio compatible with titanium operation. 

The specific extension alloys selected were CI03 columbium and 
6 a1-4v titanium based on the demonstrated formability and 
welding of these alloys for the LM Service Module engine. 

The drilled aluminuun regen chamber consisted of a 606I alumin\mi 
alloy chamber with drilled fuel cooling passages (Figure III-4) . 
The injector to chamber attachment required a flange Joint with 
redundant seals. The nozzle extension definition was the same 
as the CWR assembly. The tube wall chamber consisted of brazed 
stainless steel tubes, weld-on-injector and bolt-on r<^zzle 
extension. 

The insulated columbiiun chamber included a bolt-on injector, a 
seamless CI03 chamber and weld-cn CI03 nozzle extension termin- 
ating in a weld -on titanium extension section, Fi^re III-5. 

The chamber insulation was established as 12 lb/ft3 dynaflex based 
on the test results of Reference 6. The dynaflex insulation was 
terminated at an area ratio of 10:1 and included a thin titanium 
outer shell to hold the insulation in place against the coated 
colxunbium wall. The insulation thickness was to be defined to 
limit the outer surface temperature to 300“ F* 

The Task II LOX engines’ ignition subsystem is shown in 
Figure III-6. The torch ignitor fuel and oxidizer feed systems 
included series parallel redundant valving and a capacitive 
exciter. The subsystem also Included redundant pressure sensors 
and a power supply/timer to provide the following engine start 
sequence: 


Spark on 

Ignitor ox valves open 
Ignitor fuel valves 

Pressure transducer confirmation of ignitor 
operation 

Main propellant valves open 
Engine P confirmation 
Ignitor Subsystem off 
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C. Off- Limits Operation 

By agreement with NASA-MSC, off-llmlts operating conditions were 
defined as -10^ Pc, +12^ 0/F with a 90°F propellant feed tempera 
ture and that each regenerative cooled point design calculated 
would reflect an 8o^ utilization of the availabl>. fuel heat sink 
at those off-llmlts conditions or a margin of 0.20. Each regen- 
erative cooled point design caictilated would reflect an 8o^ 
utilization of the available fuel heat sink at those off-llmlts 
conditions or a margin of 0.20. Each regenerative cooled point 
design, therefore, exhibited a higher margin at the design point 
conditions: 


Operating margin 
regen chambers at 
design point 


sat 


T 


sat 



0.20 


where 

T . = the fuel saturation temperature at chamber 

pressure 

T i = calculated fuel coolant temperature to the 
injected orificesj + AT where AT 

Is the calculated regen passage temperature 
rise and T^^ = the engine fuel feed temperature. 

The off-limits operation represent 12^ low fuel feed pressure 
combined with an 8^ low oxidizer feed pressure. 

The off-llmlts definitions were intended to cover only those 
propellant feed system malfunctions that would change the engine 
fuel and oxidizer feed pressures. The additional malfunction 
of pressurizing gas injection or gas bubbles in the OME propellant 
supply and engine injector malfunctions which could cause loss 
of circumferentially uniform heat rejection were not included 
in the off-limits definitions. The additional potential mal- 
functions were included in the engine technical ratings as 
described in sub-section G. 

The off-limits conditions of high 0/F and low Pc with high 
propellant feed temperatures represent the worst case off-limits 
condition; the high 0/F and low Pc reduced the fuel colant flow 
rate increasing its temperature rise while the heat rejected to 
the coolant increases. The heat flux increases because the 
reduction of the gas side heat transfer coefficient at reduced 
Pc is more than offset by the increased gas driving temperature. 

As will be discussed later, the driving temperature is a function 
of the vortex film coolant flow and that film coolant flow is a 
fixed percentage of the fuel flow to the injector. Thus, the 
reduced fuel flow at high 0/F and low Pc resulted in a driving 
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gas temperature Increase greater than the decrease in the gas 
side heat transfer coefficient,. 

The utilization of 80^ of the available heat sink at the off- 
limits conditions as a regen chamber design constraint recogn,.zes 
the need for essentially 100^ OME reliability and safety. If 
the fuel temperature were to reach sacuratlon downstream of the 
regeneratively cooled passages the boiling fuel would cause a 
loss of fuel flow control; the fuel flow woux ’ drop rapidly 
ca\uing burnout of the chamber and, potentially, damage to the 
shuttle itself. The preceedlng conditions would argue for 
conser%'atlsm in the selection of the utilization of avaiTable 
heat sink, 8o<^ utilization would appear to be ':oo high. On the 
other hand, the possibility of departure from the design conditions 
by -10% P«, + 125 & 0/P together with a 90°F propellant feed temperature 
is undoubtedly remote given the reliability that will be incorpor- 
ated in the OME propellant fe*.d system through redundancy of 
pressure regulators etc., and incorporation of pressure and temper- 
ature sensors to guard against operation in a degraded mode. In 
addition, the thermal control of N 204 /Amine propellant which has 
been demonstrated by the Apollo program suggests that the occurrence 
of propellant feed temperatures above +90° F is remote. The Tar.k 
II oxidizer would require LOX tank insulation and proper isolation 
of LOX and fuel in the OME propellant valve to prevent freezing 
of the fuel. The Task II propellants would require greater care 
of engine and tankage design but no insurmountable problems would 
be anticipated. Thus, there is a low probability of OME operation 
at the worst case off-limits conditions which argues foi- uduced 
regenerative engine thermal design margin. 

Another factor associated with utilization of a large percentage 
of available heat sink is the anticipated run-tc-run aicd engine- 
to-englne tolerance for the regen cooling passage temperature 
rise. Low temper*' ture rise tolerance has been achieved by the 
Agena engine, +10° F. That tolerance should be achievable with 
the OME engine. 

The selection of the off-limits definitions was judged to 
recognize both the need for high reliability and safety together 
with the low probability of wide departure from the nominal 
operating conditions. 

The off-limits design margin definition of the insulated 
columbium engine was taken as follows: 

Margin = '^SL " '^off 

T - T 
SL nom 
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where 

Tgj. = the structural limit temperature the coated 
columbium, 

T = the calculated maximum columbium temperature 
at the off-limits conditions. 

Tnom ~ calculated maximijm columbium temper iture 

at the design conditions. 

Ihe logic for the establishment of the Icb chamoer margin 
definition included the following: 

-The regenerative margin definition includes a relatively short 
duration condition; wide departure of engine operation from 
nominal and approaching the off-limits definition could be sensed 
in flight, and corrective action taken. At worst, the limits 
encompass one mission or approximately 1000 seconds of firing. 

-In the '' ^ntext of relatively short duration off limits operation, 
the columbixim coating temperature limit is approximately 3000 ° F 
and the loss of coating would not immediately compromise the 
engine operation. An uncoated chamber operating in a vacuiam would 
probably survive 1000 seconds of firing. The coating acts primarily 
as a barrier to hydrogen embrittlement given the reducing atmos- 
phere ac the wall from the film coolant. Uncoated columbium 
sections were embrittled to a depth of 0.010 inches after 2400 
seconds of exposure to decomposition gases. 

-The stress rupture life of colimibium alloys at various tempera- 
tures is <'huwn in Figure III-7. The figure also gives short term 
thickness requirements as a function of temperature. (Thermocouple 
data with vortex film cooling shows that the maximum chamber 
temperature is at least 600°F less than at the throat station.) 

SCb 291 columbixun would provide a high stress rupture life and 
short term yield strength with a throat t^tickness of less than 
0.10 inches. More easily fabricated CI 03 columbium could provide 
adequate life and si.ort term strength at 0.19 inch wall thickness 
at the throat. With a C103 chamber, the short term structural 
temperature limit is 3000 *^ F. 

-The maximum operating temperature tolerance for vortex film 
cooled chambers is approximately +50° F. 

-With defined as 2400°F, the predicted operating tempera- 

ture for minus 10^ To +12;^ 0/F and 90 ° propellant feed tempera- 
ture is approximat ;ly 260u°F, including a +50"F tolerance. 
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The Icb margin with the above det_iitions and calculated values 
at the off-limits conditions would be: 


3000-2600 

30U0-^^R5Cr 


0.67 


or considerably greater than the regenerative cooled margin of 
0.20 at the off limits condition. The problem with the defini- 
tiorx of the Icb margin relative to that of the regen chambers 
is the difficulty in selecting a nominal temperature, Tnom* 
comparable to the regen Tin* the fuel feed temperature. The 
definition of Tnom of 2 k 00 ^F may be somewhat optimistic for 
the purposes of margin definition. If Tnom were redefined 
as a minimum temperature of 1000 '’F representing essentially 
unlimited life, Icb margin would be; 


3000 -2600 = 0.20 = regen margin definition 

3000-1000 

Therefore, the selection of a nominal operating temperature 
2400®? against an upper limit of 3000*’ appears to provide an 
off-limits operating margin at least comparable to the regen 
definition. 

The second element of regen chamber coolirig margin, the ratio 
of maximum calculated heat flux to burnout heat flux was defined 
as 0.67 at the off limits conditions. The burnout mechanism 
addressed here is that associated with film cooling in the 
regenerative cooled passages at sufficiently high heat flux or 
Q/A and/or low coolant velocity. Q/A burnout limits were 
established empirically by flow testing various propellants 
through electrically heated tube sections by several investi- 
gators, (Reference 7). Q/A data for MMH is shown in Figure III-8 
plotted against VAT sub, the velocity in the heated tube section 
times the temperature difference between the propellant saturation 
temperature in the tube section and the recorded fluid temperature. 
The burnout equation employed in the regen engine calculations is 
superimposed on the data. Also included is data from Task VII 
of the contract effort, comparative testing of MMH and MMH with 
silicone oil additive. The equation selected should be conserva- 
tive, most of the aata shown was recorded for test conditions 
which did not result in burnout of the test section. 

The final topic under off-limits operation is injector baffle 
and face cooling. Fuel c oling of the Icb engine injector was 
readily accomplished with high thermal margins. Oxidizer 
cooling was assumed for the regenerative cooled N20’| oxidizer 
engines to increase the predicted Isp* If fuel cooling of both 
the regen cheunber and injector were assumed the increased amount 
of gas side fuel film coolant required to meet the thermal 
.-largins would reduce Isp- Fuel cooling of both the chamber and 
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injector was required for the Task II LOX engines due to the 
small temperature difference between LOX feed temperature and 
its saturation temperature at chamber pressure. 

D. Engine Computer Program, General 

With the exception of the tube wall regen engine, all nominal 
and parametric engine data was calculated using an engine design 
computer program designated ADEPT (Advanced Design Engine 
Parametric Technology). Each point design was a separate, com- 
plete series of calculations with a print out of approximately 
110 items of performance, temperature, weight and physical 
dimensions to define the point design. Selected output data 
required for the parametric cases was also punched on cards for 
machine plotting. The large number of calculations required for 
the cases and data defined by Tables I through III, suggested 
that the most cost effective and accurate way to carry out the 
work would be by defining a complete engine computer program. 

The Task I and II effort centered around the ADEPT program 
definition. This section will briefly describe the general 
features of the OME engine computer program. The following 
section will describe the detail inputs, defining equations and 
subroutines which were incorporated. 

Figure III-9 gives the basic flow of the machine calculations 
for the regenerative cooled engines. The program input includes 
type of chamber (CWR or DAR), the propellant combination, engine 
nominal F, P^, 0/F, nozzle exit diameter, nozzle % bell and 
chamber L*. The off-limits conditions of P^, 0/F and feed 
temperature and the required thermal margin at those conditions 
complete the input. As discussed above, the off limits conditions 
were set at +12^ 0/F, -10^ Pc and +90° F. 

The first step in the calculations is a trial fuel vortex film 
temperature from which a fuel vortex flow rate is calculated. 
Iterative cooling calculations are, started with initial values 
of nominal propellant flow rates, w^om^ by off limits 
definition, woff limits, calculated therefrom. The iteration 
includes calculation of Cf for the propellant combination, 
mixture ratio, ^ bell and exit diameter, throat area from 
F = Pc^tOfi chamber diameter from a defined functional relation- 
ship for the thrust level and P^ together with equations for c* 
which predict the combustion efficiency as a function of the 
amount of film cooling, propellant combination and mixture ratio. 

A subroutine calculates the chamber divergent nozzle area ratio 
based on the operating conditions and the upper temperature limit 
for the radiation cooled nozzle extension. The iteration continues 
with cooling passage definitions from a heat transfer routine 
initially for the off limits definitions. Initial throat cooling 
passage sizes are assumed and the thermal calculations iterate 
the passage sizes against the burnout heat flux margin. The fuel 
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temperature rise for the N2O4, propellant cases is then compared 
against that margin definition. The LOX cases include the 
calculation of the additional fuel heat input for injector 
cooling. The N2O4 injector cooling subroutine outputs the 
thermal margin for that heat transfer process. The comparison 
of fuel temperature rise against the off limits margin of .^0.2 
results in a reset of the barrier flow if that criteria is not 
met and calcuations are repeated until it is met. (In some 
cases, the fuel cooling margin which can be achieved is outputed.) 
Those cases were encountered in the parametric calculations and 
will be discussed in the following sections. After the off-limits 
margin is met, (or calculated), the program continues with a 
calculation of the heat transfer to the fuel at the input nominal 
conditions of Pc, 0/F and propellant feed temperature using the 
chamber geometry definition from the preceding iterative off- 
limits calculations. The calculation of the chamber coolant 
velocity at each station allows an integration for total Jacket 
pressure drop. 

The chamber coolant passage definition and thermal calculations 
are then compared against the minimum fabrication dimensions 
for the cooling passages and the gas side wall temperature limits. 
The wall temperature (Twg) limits for the operation at the point 
design are based on preliminary thermal cycle life calculations. 
Upper temperature limits were defined for each regen chamber in 
order that the chamber be capable of 4000 thermal cycles of 
operation. If the coolant passages were smaller than the defined 
minimum passage size and/or the Twg exceeded the upper temperature 
limit for cycle life, the case was recalculated at an Increased 
fuel film coolant flow. When those conditions were met the engine 
fuel and oxidizer feed pressures are calculated from the appro- 
priate definition of fixed pressure drops together with the calcu- 
lated chamber cooling passage, injector cooling passage and 
combustion zone pressure drops. 

The area ratio for the nozzle extension Junction between columbium 
and titanium is calculated based on an upper structural tempera- 
ture limit of the titanium. The chamber outer shell thickness 
definitions are based on pressure and inner wall thermal loads. 

The injector thicknesses were defined as a function of chamber 
pressure and cheunber disimeter for adequate structural strength. 

The auxiliary weights, valve assembly, gimbal ring and gimbal 
ring mount are calculated by equations based on preliminary 
design of those subassemblies. The combustion chamber and nozzle 
extension thickness definitions are checked against or set by 
minimum gage definitions for fabrication. The weight calculation 
of the thrust chamber follows, completing the engine weight 
definition as the final step of the regenerative cooled engine 
calculations. 
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The portion of the ADEPT program for the insulated columbium 
chamber and engine is less complex than the regenerative cases 
(Figure III-IO) . The input Includes a trial value of the fuel 
vortex film cooling flow rate. Calculation of the area ratio, 

£ , and Cf ’’actual” (predicted) is followed by determination 
of c* based on a functional relationship between the combustlor. 
efficiency, the chamber L* and the fuel vortex film coolant 
flow rate, . The complete chamber geometry is established 
including the chamber insulation thickness for an extei'nal 
temperature of 300° F* (The insulation is assumed to terminate 
at divergent nozzle area ratio of 10:1.) The calculation of 
the maximum columbium wall temperature from Tmax = 

Pq, At) for nominal and off limits conditions results in 
iteration of until T^ax = 2400"F for nominal operation. 
Injector fuel cooling margin calculations are followed by 
definition of engine fuel pressures, and weights similar to 
the regenerative cooled engines. The Icb engine includes the 
definition of titanium for the nozzle extension downstream of 
the area ratio at which the calculated extension temperature 
equals the structural temperature limit for titanium. 

E. Calculation Definitions 

1) Thrust Coefficient 

The thrust coefficient at infinite altitude C^ was calculated 
as follows : ^ oo 

^DIV ^KINETIC ^f „ „ 

OO o • • 


= boundary layer efficiency 
= divergence efficiency 
= kinetic efficiency 

= shifting equilibrium thrust coefficient 
at Infinite altitude 




00 


•BL 


Where: 


BL 

DIV 

KINETIC 


00 S.E. 


The three efficiencies recognize the divergent nozzle losses 
given homogeneous, 100% shifting equilibrium product of combustion 
at the physical throat plane. The departure of the real case from 
homogeneous, 100?^ shifting equillbrixim gases at the physical 
throat plane were considered to be self-compensating based on test 
results with various thrust chambers at BAC which are described 
in the following paragraph. The lack of 100^ shifting equilibrium 
gas products, the combustion process is not 100^ efficient 
relative to that criteria, and the curvature of the sonic velocity 
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location relative to a geometric throat diameter tend to reduce 
Cr* The lack of gas radial homogeneity, "core" gases with an 
0/F above the O/F of the engine feed is surrounded by a heat 
fuel film at the wall with zero O/F, increases Cf in the range 
of film coolant flows under consideration. 


Regression analysis of altitude test data for a 600 lb thrust 
unit operating with zero to 13 ^ vortex film coolant flow (film 
coolant total propellant flow = .13) shows that recorded P^, 
and vortex flow values are not statistically significant 
relative to the Cf determined by recorded thrust and P^, 

Cp = F/PcA+. The value of throat area is based on throat 
measurement corrected to the operating temperature. Tl'.e lack 
of correlation of Cf with P^ and vortex flow also Indicates a 
lack of dependence of Cf on the actual combustion efficiency. 
Therefore, the average Cf value for the tests, 1.7367, is the 
best estimate of Cf. The calculated value of Cf = ^ 

^ KINETIC ^f nominal P^, and thruster 

00 S .E . 

The test data and analyses support the selection of the method 
of Cf^ calculation employed in the ADEPT program. 


BL /t DIV 
a/F is 1.7322. 


The thrust coefficient efficiencies employed for the machine 
calculations were incorporated into the program as follows: 

y( : 15 sample Cf^^ calculations were made with the JANNAF 

TBL, turbulent boundary layer, program and those results were 
compared with one dimensional inviscid Cf for the same nozzles. 
The nozzles were representative of the total range of nozzle sizes. 
The ratio ^ the TBL and inviscid values provided The I 5 

values of ^ bl were inputed as a table with provision for linear 
interpolation . 

^DIV* defined by equation as a function of area ratio and 
nozzle length for optimum RAO nozzles. The equation was 
established by curve fitting data points from JANNAF TDK computer 
program data spanning the range of nozzle geometries. The two 
dimensional values were compared with one dimensional calcula- 
tions to define an efficiency. 

^KINETIC* calculated by curve fit equation of selected points 
of the ratio of one dimensional kinetic computer output to one 
dimensional equilibrium data. Standard JANNAF ODK and ODE 
programs were employed. Twelve to 25 ODK values were calculated 
for each propellant combination depending on the param.etric range 
to be calculated by the engine [program . 
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o T7 • shifting equilibrium values of the thrust 

coefficient at infinite altitude were inputed in tabular form 
for each propellant combination as a function of Pc> 0/F and 
area ratio. Linear interpolation of the tabular data was 
Included. 

2 ) Fuel Vortex Gas Film Temperature^ 

Tfiirn is employed as the driving gas temperature for the 
regenerative cooling calculations at relatively low values of 
fuel film cooling ratio, w fuel film/w total flow. Values 
for the regenerative cooled engines were generally less than 4^. 
"■f‘‘lm also taken as the wall temperature of the insulated 
coximbium thrust chambers with values of^in the range of 10v5 
to provide columblum temperatures at a maximum of 2400° F. 

Table V shows the functional relationship between Tfiim and where 
is defined in terms of P , the vortex film cooling length L/ 
the chamber diameter Dc^ the characteristic velocity c*, 
chamber pressure Pq and the area of the throat, A^. The 
derivation of the vortex cooling parameter, f *, is described 
in Reference 5* Fuel vortex film cooling is accomplished by 
tangential injection of liquid fuel on the wall j’ust downstream 
of the injector as described earlier. 

The values of the constants in the Tfiim> f * equation of Table 
V were based on test data, the theoretical combustion temperature 
of the propellant combination at normal P^ and 0/F, and the fuel 
decomposition temperature or normal boilir^ point at chamber 
pressure. Figure III-ll shows the TfUm r * relationships for 
N2O4 with MMH and N2O4/5O-50 blend propellants. At ^ * = C 
Tfiim approaches the theoretical combustion temperature of the 
propellants adjusted downward by an assimied combustion efficiency. 

At high values of fuel vortex film cooling f and Tfiim 
approaches the decomposition temperature of the amine fuels. The 
figure includes firing data which was available at the time of 
the Task I and II effort which defined the shape of the curve 
between the limits of high values of ^ * and ^ = 0. 

The Tmax» f * equation constants of Table V for the LOX/Amine 
propellant' combinations were estimated based on the N204/Amine 
test data with adjustment of the curves to reflect the combustion 
temperature at optimum Isp mixture ratios. The values for 
LOX/C3H3 and LOX/RP-1 reflect the decrease of Tmax "to the boiling 
point of the fuel at high values P and Figure III-12. 

Two data points were obtained witn a' 600 Ibf chamber with N2O4/ 

50-50 blend propellants injector feed and separately fed C3H3 
and RP-1 vortex cooling. The Tmax^ f * curves were adjusted 
linearly upward at those points for the combustion ter-erature 
ratios of LOX and the fuels to that of N20;4/50-50. 
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TABLE ‘V 


rj 

'v-T' 


FUEL VORTEX GAS FILM TEMPERATURE, TpiLiy, 

T - r + r 

^FILM - Cl + C 2 e <5 


WHERE p* 


e = 2.7187 

’’’film * %AX' insulated wall 


■5^ ( Pc*<) 


0.2 


p “ 


VORTEX FLOWRATE 
TOTAL ENGINE FLOWRATE 


L « VORTEX LENGTH 




Cl 

C2 

C 3 

C 4 



BASIS 

N204/MMH 

1833 

3003 

15.2 

590 



'data CURVE FIT AND 
EXTRAPOLATION 







> 

TO THEORETICAL 

N 2 O 4 / 50-50 

1833 

3349 

15.0 

470 

) 

4 

TgATp* = p =0 

AND ESTIMATED 








FUEL DECOMP. TEMPERATURE 








^ATHIGHp* 

LOX/MMH 

1833 

3593 

28.5 

360 



f 

LOX/50-50 

1833 

3668 

26.3 

230 


> 

V 

ESTIMATED ON BASIS OF ABOVE 








THEORETICAL T^ AT OPT. 

LOX/N2H4 

1833 

3658 

26.3 

230 

J 


[UpO/F 

LOX/C3H8 

90 

5152 

20.4 

220 



'above PLUS ONE 






> 4 

DATA POINT EACH 
WITH 600LB-HDV'V. 


LOX/RPI 

625 

4864 

9.0 

410 



FUEL SAT. TEMPERATURE 
^AT HIGH p* 
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ENGINE COMPUTER PROGRAM - GENERAL - REGENERATIVE COOLING 
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3) C*, Characteristic Velocity Equations 


The most applicable o* dav,a available for thrust cliaiaber operation 
with fuel vortex film cooking consisted of a series of tests con- 
ducted with an unbaffled LM ascent engine injector. The firings 
were made ao a nominal Pc of 12C psia and an 0/F of approximately 
1.60. The data is shown in Figure III-13 together with the c* 
equation included in the ADEPT program for N2O4./ amine combinations. 
The equation selected was approximately 1^ lower than the data 
for an L* of 31 inches based on ati anticipated reduction of 
combustion efficiency for the defined OME injectors which included 
five leg baffles as described in sub-section B. Th.e proj'ection 
of the equation to the lower values of P , applicable to the 
regenerative cooled chaenber operation, was' based on previous 
experience that a reasonable upper limit of for operation with 
no film coolant is approxim.ately 995^ theoretical characteristic 
velocity. 


The N202|^/Amine c* equation was assumed to be applicable to the 
LOX/ Amine combinations. The contribution of the vortex coolant 
flow, 4320^ ft /sec, to the total c^- was assumed to be constant 
with LOX oxidizer. The c* equations for LOX/RP-1 and LOX/CoHg 
were based on the limited firing data at 600 Ibp described 
in the preceding section. The tests indicated a reduced c* 
contribution with RP-1 and C3H3 equivalent to I6OO ^ and 1500^ 
respective.ly . Thus the 0* equation for LOX/RP-1 became: ' 

c* = 1,600^ - 0.99 (1-^) 

where 


c* 

core 

0/F core 


= the -cheoretical value ct the 
inj'ector 0/F 

= (0/F)T 



and 


(0/F)T 


4) Chamber Geometry 


the engine total or overall mixture 
ratio 


Combustion chamber Inside diameter was defined (Figure III-14) 
by considerations of combustion efficiency, vortex film cooling 
effectiveness total heat rej'ected to the regenerative coolant, 
pressure drop across the combustion zone, erigin -5 length, and 
injector plus coj.;bustion chamber weight. With the exception 
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of weight, the considerations favor larger diameter units. The 
relatively high performance, pressure fed, NpO^/^O-SO blend, 
Ascent and Service Module Engines were characterised by thi'ust 
to combustor area ratios of 72 and approximately 8o lbj./in2 
respectively. Those thrust to area ratios translate to 10.0 
and inch Dc respectively for the normal 6 k ONIE engine. 
Contraction ratios above 3-C reduce the pressure drop across 
■che combustion zone to less than 2 psi, favoring the larger 
of the two i-^minal thrust engines. The funcatlonal relationship 
of Tinax and^-* and the definition ot f * favors lower ratios of 
chamber length (injector face to throat) to chamber diameter 
ratios or cham.ber diameters approaching chaniber lengths. For 
the case of equal combustion volumes and using classical heat 
transfer equations at a chamber pressure of 125 psia, an S inch 
diameter chamber would reject over 30^ more heat to the fuel 
regenerative coolant than a 10 inch diameter chamber. With 
minimum length engines, and a fixed diameter exit of 50 inches, 
the length difference for 6K engines with an L* of 30 inches 
represents approximately 0.4 seconds Isp advantage for a 10 
inch diameter unit relative to an 3 incn diameter assembly. 

The weight penalty for equal combustion volimnes is approximately 
10 lbs for the case of the nominal OME engine for a 10 inch 
diameter chamber versus an 8 inch diameter unit. 

In general, the comparisons of the effects of chamber diameter 
suggested that the shorter length, lower pressure drop larger 
diameter chambers designed for a thrust area ratio combustor 
of approximately 70 lbf/in2 at nominal chamber pressures would 
offset the increased weight of those engines relative to smaller 
diameter designs. The net advantage of the larger diameter 
units defined by Figure III-14 would be reduced coolant heat 
flux, increased film coolant effectiveness and potentially higher 
combustion efficiency. 

The characteristic chamber lengths were selected on the basis 
of the test firings with vortex film cooling at 3400 Ibp, the 
L*’s of the IM Ascent and SM Engines and literature data for 
LOX/Amine and LOX/Hydrocarbon units. The selected L* was 30 
inches for all propellant com.binations with the exception of 
IOX/RP-1 which was taken as 40 inches. 

5) Thermal Calculations; Regenerative Cooled Chambers 

The machine calculations for the heat input to the r-jgenerative 
fuel coolant involved an iterative process as described earlier. 
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The basic regenerative cooling equation 
Q/A = 1 hg (T film-Twg) = ^ (Tv,^Tj^) = hjj (T^l - T bulk) 

required subroutines to establish the total chamber length L„, 
the fuel vortex liquid length Lt, and hg and h| the gas sideband 
liquid side film coefficients, respectively. Maximum Q/A at the 
throat was adjusted to provide the defined margin relative to 
the burnout heat flux. The subroutines and the definition of 
burnout heat flux are described in the following paragraphs. 

The chamber length from the injector face to the throat was 
established by the cham.ber diameter definition of section d) 
together 'fith the appropriate L* value and calculated area of 
the thro-t. The divergent nozzle area ratio for the regenerative 
chamber was established by a subroutine for the radiation cooled 
nozzle extension. 

The calculated Tfipm bhe gas side heat transfer coefficient 
at the throat were extrapolated to divergent nozzle stations 
and a heat balance sought for the radiation cooling process 
which provided a maximum nozzle extension temperature of 2400” F 
at nominal operating conditions. The station providing the 
2400°F extension defined the required divergent nozzle area 
ratio of the regen chamber. The 2400° F temperature was selected 
based on the use of coated columbium for the nozzle extension 
from the attachment flange to an area ratio consistent with the 
structural limitations of titanium, as discussed in sub-section 
C. 

The definition of the fuel vortex liquid length, LO, was 
included to account for the region of low heat input to the 
regenerative coolant. The injected fuel vortex film coolant 
persists as a liquid film for a distance along the chamber 
wall until heated by the combustion to vaporization and 
decomposition. The low temperatures at the head end of the 
chamber were verified during the 3500 Ibf firing, Figure III-15. 
The Li was calculated using an equation from reference 1 for 
a similar process of liquid film hot gas interaction. The 
reference also provides an expression of heat flux to the wall 
for the region of the liquid film. Thus the total heat xnput 
to the chamber coolant included that calculated for the total 
cheunber length from injector face to the nozzle extension flange 
minus the liquid length, Lp - Ljf , plus the low heat input for 
the liquid length region. The possibility of an optimistic 
total heat flux reduction by accounting for the liquid length 
was off set by the assumption that the driving gas temperature 
for the remainder of the chamber barrel section and converger.'*: 
nozzle was equal to that calculated for the throat station as 
shown in Figure III-I 5 . 
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The gas side and liquid side film coefficients, hg auid 

were calculated using industry accepted methods. ”Por example, 

the throat station hg was calculated: 


hg 0.026(-^) 


0.8 


/K 

(- » r r.B ' f 




DT 


0.2 


where w 
A 


combustion gas flow rate, Ib/sec 
throat area, in2 


D = throat diameter, inches 





ratio of specific heats, 

Prandtl number and viscosity for the combustion 
gases at the reference enthalpy (Reference 8) 
temperature. 


The hg for other stations was ratioed from th'^ throat station 
value? 

h , chamber = h throat (A/At)^*^ 

h , dlverget.t = h throat (A/AT)^*^ 

® nozzle ® 

for A/A <4.: 

= h throat (A/AT)*^‘^ 

O 

for A/AT ^4:1 

The calculations of Lm, L # , h„, h j and that of Tn iTn plus 
inputs of k (thermal conductivity) '^and values of x thickness) 
for the chamber material under consideration and the defined 
fuel inlet temperature, allowed integration of the basic regen 
cooling equation to establish the fuel temperature at the 
chamber outleo. 

The calculated mcocimum heat flux at the throat, was compared 
against heat flux burnout relationships established by heated 
tube testing at various facilities. The equations employed in 
the ADEPT program are given by Table VI. Insufficient margin, 
Q/A calculated + Q/Burnout^l.5> lead to iteration of the throat 
cooling passage dimensions to increase the coolant velocity and 
the value of (^Burnout that Iteration was constrained. The 
minimum passage sizes were based on reasonable manufacturing 
lilt its and two dimensional heat transfer calculations. The heat 


111-36 



BeH Aerospace Company 


transfer analyses indicated maximum land width (channel wall) 
or hole spacing (drilled aluminum) to preclude excessively high 
values of Twg for the material between the cooling passages. 
Failure to reach the Q/A margin definition of 1.5 lead to a 
complete recalculation with a higher value of fuel film coolant. 

Table VII also shows the gas side wall thicknesses assumed on 
the basis of fabrication limits and the limits of the gas side 
wall temperature. As mentioned earlier, the gas side wall 
temperature limits were set based on structural calculations. 

The calculations showed that the maximtim temperature was dictated 
by the required thermal cycle life of 4000 firings. The thermal 
cycle calculations were based on the cumulative damage criteria 
of Robinson- Taira, Reference 9 with stresses calculated by the 
methods of Reference 10. The temperatures corresponding to the 
neat aunine fuels were determined by the structural calculations. 
The temperatures for MMH with silicone oil additive and the 
hydrocarbon fuels were degraded from the values for the neat 
fuels because the silica and carbon deposits result in a 
fluctuating Twg as the deposits build up and flake off. The 
process of carbon deposition is described in the literature 
(Reference 11) . The silica depositions were noted in tests at 
Bell with the silicone oil additive . 

The total heat flux reductions for the carbon and silica 
deposits were taken from the literature and Bell test results. 

The total chamber Q/A was reduced by 705^ for RP-1 and 52^ for 
CoHq. An average of reduction was assumed for silicone oil 
additive to the amine fuels based on the test results presented 
in Figure III-16. 

6) Injector Cooling 

The injector cooling subroutine assumed a gas driving temperature 
equal to the theoretical combustion temperature and an h„ equal 
to 1/2 o that calculated for the chamber barrel section. Those 
assumptions were consistent with baffle test data from the 114 
Ascent engine program. A baffle length of 1.5 inches was taken 
as representative for the range of chamber diameters included in 
the parametric studies. The stainless steel baffle cooling 
passages were defined as four rectangular parallel flow passages 
with a minimum wall thickness of O .030 inches. Tt.e baffle was 
a variable to allow cooling passage change for coolant velocity 
adjustment to meet the burnout heat flux margin of 1.5. 

The heat input to the injector face coolant was rat iced on the 
basis of injector diameter chamber pressure and combustion 
temperature from a baseline 10 inch diameter injector at the 
nominal design point with N 2 O 4 /MMK propellants. 

The O/A burnout equation for N 2 O 4 injector baffle cooling ’'as 
taken as; 
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TABLE VI 


Q/A BLT^NOUT EQUATIONS 


I 


Q/A cal. - Q 'ft Bux-nout X 1.5 
q/A burnt ;; r. -r + C2 V AT sub 
where 

V = coolant velocity 
ATsub = Tgaturation” '^bulk 



-^ 1 - 

X : 

MMH 

1.67 

7.1 


4.20 

2.0 

50/50 

1.67 

7.1 


2.75 

3.6 


10 


TABLE VII 

DIMENSION CONSTRAINTS 


^sub^ IQ 


-3 


5 

5 

3.1 

3.1 


Thickness 


I 

Min (in.) 

Max fin.) 

Ges Side Wall 

Channel 

Channel Width 

0.075 

0.300 


Wall 

Chennel Depth 

0.050 

0.075 

0.030 


Land Width 

0.075 

-- 


Drilled 

Hole Diameter 

0.095 

0.110 


Aluminum 

Hole Spacing 

0.170 


0.060 
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+ 0-°°«5 V ATg„g 

The selection of 35 psl also allows off limits operation to the 
defined conditions of -10$^ Pc and +12$^ O/F without sustained low 
frequency oscillations. 


The definition of 35 psi for the injectors fuel orifices 
defines the AP of the oxidizer orifices. High combustion 
efficiency over a range of mixture ratios requires equal ox 
and fuel injector pressure drops at nominal mixture ratio based 
on Bell experience with the triplet injector element selected. 


The variable pressure drops identified in Figure III-17 were 
calculated for each case. The chamber cooling passage pressure 
drops were calculated by summing the average AP for 13 increments 
of cooling passage length: 


2 AP 




13 

1 


where f 
1 



0.00140 + ■ 
^e 


section length 1 
fuel density ( 
fuel velocity f 
hydraulic diameterj 

Section average 
lyalues 


The pressure drop of the drilled aluminum chamber was reduced, 
based on sample calculations, for EDM tapering of the drilled 
holes to larger diameters in the convergent and divergent 
sections of the nozzle. 

The injector baffle AP was calculated as above except that 
one length was required; the cooling passages were defined 
with constant cross-section by the thermal calculations. 
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The combustion zone AP was calculated by: 



ORIGINAL PAGE ib 
OK POOR QUALIll: 


where: 


M = calculated Mach number at the entrance to the 
throat 

}f - ratio of specific heats 

= pressure at the injector face 

P^ - design chamber pressure at throat entrance 


7) Feed Pressure 

Engine flow schematics for feed pressure determination are shown 
in Figures III-I 8 and III-I 9 which resulted in the fixed pressure 
drops of Figure III-I 7 . 


The valve AP is the same as incorporated in the I^'I Ascent engi-^e 
and assures a negligible change in engine thiust, approximately 
for failure of one of the parallel legs to open or to stay 
open for or during engine firing. The valve and filter weights 
were adjusted as a function of flov/ rates and flow passage cross- 
sectional area over the ■'araraetric range to account for the 
constant pressure drops. The definition constant line and 
manifold drops also assumed variable flow passage cross-sectional 
area as a function of propellant flow rates. 


The injector orifice pressure drop, 35 psi, is based on in part 
on test results from the development of the LM Ascent engine. 
Operction with helium saturated propellants at I 90 psia tank 
pressure resulted in low frequency chamber pressure oscillations 
during the engine starting transient for fuel injector orifice 
pressure drops below approximately 27 psi. The duration of the 
oscillations increased with decreasing fuel orifice pressure drop 
to approximately 21 psi. Below 21 psi the oscillations were 
sustained for the firing duration. The concern with even a short 
period of low frequency oscillation on start is the potential of 
those oscillations to Initiate high frequency instability. A 
fuel orifice design AP of 35 psi provides margin for the low 
frequency oscillations during the engine start transient at the 
nominal design point. 
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8) Weights 

a. Structural Criteria 

The requirement of design for ^000 thermal cycles was established 
as the limiting structural criteria for the regenerative cooled 
thrust chamber. The gas side wall temperatures limits imposed 
by that requirement were discussed earlier. 

The insulated columbium thrust chamber and its integral nozcle 
extension and the nozzle extension of the regenerative cooled 
chambers were sized on the basis of creep life. The creep life 
design requirement was 60 hours at the nominal operating tempera- 
ture. !flie nozzle extension operating definitions included the 
throat load and an asstuned 12g gimbal load. A value of 2.5 
times the thruat load was asstuned for non-operating vibration. 
Minimum gage for fabrication was taken as 0.020 inches. The 
assumed loads set the upper temperature limit for the titanium 
nozzle extension at l400°F. With the exception of the columbium 
in the vicinity of the mounting flange, the controlling definition 
of the extension thickness was the 0.020 inch minimum gage. 

The engine elements designed on the basis of pressure and thrust 
included factors of safety of 1.5 and 2.0 on yield strength 
and ultimate strengths, respectively. 

b. Thrust Chamber Assembly 

Injector weights were developed from 7 equations 
for the various sections as a function of injector diameter 
with appropriate ohickness changes as a function of diameter 
and design chamber pressure. The injector mounting flange 
weight for the insulated columbium and drilled aluminum chambers 
was a separate equation. 

The thrust chamber was divided int j 5 sections longitudinally 
with each section capab.^o of being defined by 5 layers of 
materials or, in the case of the regen chamber, partial voids. 

The five sections were the barrel, convergent nozzle and 3 
sections of divergent nozzle. The contoured sections were 
defined by curve fit equations checked at several chamber sizes. 
The 3 to 5 layers were defined by material, material density 
and thickness. The thicknesses were set by thermal/structural 
requirements. For example, the insulated columbium chamber 
barrel section weight calculations included inside silicide 
coating thickness of .005 inches, the columbium wall of thickness, 
t, based on pressure and diameter, an outside silicide coating 
of .005 inches, a layer of 12 lb/ft3 dynaflex insulation of 
calculated thickness t^ and a 0.005" thick titanium outer jacket,. 
The electro deposited nlckle closeout of the channel wall 
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chamber was set at O.090 inches based on structural checks. 

The drilled aluminum chamber thicknesses from the cooling 
holes to the outside surface was taken as O.250 Inches at the 
throat and 0.120 inches in the barrel section and divergent 
nozzle. Chamber and nozzle extension flange weights were 
added when appropriate. Uie regenerative inlet manifold was 
a separate equation based on a constant crossection torus. 

The nozzle extension weight included a 1/2 by 1/2 x 0.20 thick 
titanium stiffening ring at the nozzle exit and O.OO5 inch 
silicide on the inside and outside surfaces. 

c . Propellant Valve Assembly 

A study to define the series/parallel redundant OME propellant 
valve weight was carried out in some detail. The baseline 
of the valve calculations was a modified version of the 
Ascent engine series-parallel redundant valve. The baseline 
weight include all stainless steel main valve and actuator 
bodies and stainless steel gas operated solenoids. The valve 
body and filter weights were scaled on the basis of the propel- 
lant volumetric flow rates to the OME thrust levels. Bell set 
torque requirements were defined as a f’lnction of set diameter 
to size the valve actuators and to establish an actuator and 
solenoid weight correction for changes in operating pressure. 
The sizing included the assumption that the gas actuation 
pressure was equal to the engine feed pressure. Valve assembly 
weight calculations were then carried out at nominal and at 
the extremes of propellant volumetric flow rates and feed 
pressure. The more detailed valve equation weights were found 
to be essentially equal to a simplified form of the valve 
scaling equation. Therefore, the simplified equations were 
employed in the ADEPT program. Those equations are as follows: 


N202^/AMINES-VALVE ASSEMBLY WEIGHT = 32.1 
LOX/FUELS- VALVE ASSEMBLY WEIGHT =33-6 




1.1 


The 32.1 and 33*6 values reduce the difference between the 
simplified and more detailed weight calculations to ±0.5 
pounds over the complete parametric ranges. The 1.1 factor 
applied to the LOX valves attempted to account for greater 
fuel-LOX isolation and/or insulation to prevent fuel freezing. 
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Glmbal Ring and Engine Mount 


The stainless steel glmbal ring included the engine mount as 
shown on Figures III-3 and III-4. The ring and engine mount 
calculations reflected the differences in the chamber definitions. 
The regen engine rings were attached to circumferential hat 
section supports which were considered welded to the chamber 
outer surface. Separate valve support structure was included. 

The ring/mount arrangement for the insulated colximbium engine 
required a structural support cylinder attaching L'le gimbal 
ring near the throat station to the injector. The high columbium 
temperature and thermal expansion precluded gimbal ring attach- 
ment to the thrust chamber. The support cylinder eliminated 
the need for a separate valve moiuit. 


The equations defining the gimbal ring and mount weights were 
established by layout and calculations of weights for several 
chamber diameters. The resulting parametric definitions were 
as follows: 


Ring and Engine Mount Weight 


Drilled A1 
Channel Wall 


Insulated 

Columbium 



21.5 lbs 
21.5 lbs 

21.5 lbs 


Ring to Chamber Attachment and Valve Mount Weight 

Drilled A1 = F (0.21 D^ + 6.45) 

Channel Wall \ 6000 


Insulated 

Columbium 



Where 

D^ = the chamber inside diameter 
L = length throat to injector 
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e. Other Weights 

The electrical ignition system valving and igniter for the LOX 
propellant combination (Figure III-6) was added as a constant 
22.85 Ihs by defining reasonable weights for each component of 
that subsystem. 

Engine propellant line and flange weights were added as a 
function of the propellants volumetric flow rates to assure 
constant line pressure drop allocation. The propellant lines 
were defined without line flexures to accommodate gimballing; 
the assumption was made that the line flexures were included 
in the system feed lines between the engine inlets and the 
propellant tanks. 

Each point design engine weight total was multiplied by a factor 
of 1.05 for the final predicted weight to account for flight 
instrumentation and to provide a weight contingency. 

A layout of the tube wall chamber was made at the nominal 
design conditions to establish a weight estimate for that 
chamber. 

A spearate study was made to determine the weight savings 
for engines with the gimbal ring auid engine mount attached 
directly to the injector or a "head end mount”. The nominal 
engine assembly weight reductions were reported as follows: 

Insulated Colximbium - 12.38 lbs 

Drilled Aluminum - 4,50 lbs 

Channel Wall - 3*74 lbs 

F. Predicted Engine Data 

Nominal engine data provided by the ADEPT program is presented 
in Tables VIII and IX. The Isp for the N2O4/ Amine Icb engines 
is approximately 6 sec. below the regeneratively cooled designs. 
The predicted fuel feed pressure of the Icb is about 20 psi 
below the CWR which in turn is about I3 psi below the DAR. The 
DAR engine is the lightest followed by the Icb and CWR. The 
tube wall regen has the highest weight. Use of silicone oil 
additive improves the rcgen engine Isp by 3 seconds at the 
expense of about 20 lbs higher engine weight. The additive 
reduces the amount of film cooling to essentially zero using 
Isp and increases the size (and weight) of the regen chamber 
divergent nozzle to a higher area ratio for the radiation cooled 
extension attachment. Operation with N2O4/5O-50 at an O/F of 
1.60 is predicted to reduce Isp by 0.6 to I.9 seconds relative 
to N204/r'H at an 0/F of 1.64. 
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Tlie LOX/Amlne engines of Table IX show an Igp improvement of 
about 20 seconds relative to N204/Amine at the lower area 
ratios resulting from the reduced nominal Pc definition. The 
LOX/CoHQ and LOX/RP-1 Icb engineo’ performance show little or no 
advantage relative to LOX/MMH. The LOX/RP-1 CWR engine has the 
same Isp as its LOX/MMH counterpart and lower fuel feed pressure 
but over 20 lbs higher weight. The weight of the LOX regen 
engines is over 25 lbs higher than the N2O4 designs due to the 
ignition system and slightly larger chamber diameters for the 
lower nominal chamber pressure. The weight difference for the 
LOX Icb engines is about 40 lbs above the values predicted for 
N20i|/Amine operation. 

Samples of data from the final report of the Task I and II 
effort are shown in Table X and Figures III-20 through III-22. 
Approximately 1200 engine point designs were presented in Volume 
II of the report "Parametric Engine Data Report” Ho. 8693-953006, 
November 1972, in the format of Table X. Table X is a copy of 
the computer print-out. Each point design was characterized by 
up to 130 values of input data, and calculated performance, 
cooling margin, temperatures, pressure drop, material thicknesses, 
dimensions and weights. The description of the heading terms 
of Table X can be found in the report. A total of 25^ data plots 
were presented in Volume I of the report. Ihe samples of plotted 
data. Figures III-20 and III-21, show identification of operating 
conditions for where the cooling margin and maximum wall tempera- 
ture limits could not be achieved without a large reduction in 
predicted Isp. 

The report of the Task I €Uid II effort fulfilled all the 
requirements of the contract statement of work. The development 
of the ADEPT computer program with automatic machine plotting of 
selected parameters considerably simplified the preparation of 
the data. The program also insured that all interactions of the 
defining equations, input data, and the various thermal and 
mechanical limits were included in each point design. Each 
point design reflects all the engine definitions described in 
this section. 

G. Engine Ratings and Recommendations 
1 . General 


The contract work statement defined a comparative evaluation 
and rating of the various concepts of OME reusable thrust chamber. 
The evaluation was to include predicted design and operating 
(diaracteristics, potential dovelopmont risk, dev';loj)ment and 
o})'i rational costs, rnai ntcnanff.* and '-hcftksiUt . TFc- af^r^roach i,ak<;ri 
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to meet the work statement requirement consisted of the 
definition of technical rating factors and the numerical ranking 
of engines against those factors followed by an analysis which 
related the predicted engine operating characteristics and tech- 
nical rating to engine and OMS development costs. 

The technical rating will be described first and will be 
followed by a description of the cost comparison and recommenda- 
tions made at the conclusion of the Task I and II effort. The 
recommendations are updated on the basis of test results and 
analyses which became available from the NAS 9-12803 and NAS 
9 -I 2802 demonstration testing. Tnose test results and analyses 
change the original recommendation of an insulated columbium 
engine and N 2 O 4 /MMH propellants to an engine with a channel wall 
regeneratively cooled thrust chamber with the same propellant 
combination. 

2. Technical Rating 

The technical rating factors for the Task I and II chamber 
coolirig concepts and propellant combinations are shown in 
Table 11. The listing of factors attempted to cover all oper- 
ating and non-operating characteristics of the engines under 
the headings of 

Complexity 

Service and Maintenance 

Fabricability 

Start 

Steady State Operation 
Design Life 

The heatings were defined by 5 to 8 factors. Each factor is 
described four ways with a corresponding numerical rating of 
3f 2 or 1. Certain factors are repeated; the requirements 
for "start auxiliary controls" (A5) and "feed system raalfunction 
detection" (a 6 ) define engine complexity and they were also 
included as part of the definition of service and maintenance, 
start and steady state operation. The repetition of those 
factors increases their impact on the total numerical rating 
for each engine. The "weight" four other factors was defined 
as 3 - Those factors which were considered to represent high 
technical risk. The weighing of 3 recognizes the potential 
cost impact to the engine development program for problems 
resulting from the higher technical risk as. will be described 
in the following section. 

The "perfect" engine would have a total numerical score of 165 
for the definitions of Table XI. 

The selection of the individual factors and the 4 rating defini- 
tions of Table XI tried to include all engine characteristics 
which were applicable to the Task I and II engine definitions. 
The definitions of each element sought to provide a reasonable 
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TASK I 

NO:-aNAL ENGINE DATA 
Pc =• 125 PSIA, DEX - 50, 80^ BELL 


PROPELLANTS 



/M^G^ 


[ N 20 ^/M. + SI 

1 NgO^/50-50 1 

CHA^:FER 

COOLING 

CONCEPT 

CHANNEL 

WALL 

REGEN 

DRILLED 

AL 

RBGEN 

INSULATED 

C 0 LU> 3 IU?-: 

TUBE 

WALL 

REOEN 

AWNEL 

WAIX 

REGEN 

DRILLED 

AL 

REXJEN 

CHANNEL 

WALL 

RBGEN 

DRILLED 

AL 

RBGEN 

INSULATED 

CCLUMEIUM 

* 2EC 

316,^0 

3I0.2 

310.50 

316,40 

319.3c 

319.30 

315.80 

315.80 

308.60 

0 /F 

X 0^ 















I . DO 



AREA RATIO 

7 h M 















f^.D 5 — 


> 

FFP. PSIA 

205.30 

228,90 

183.70 

203.20 

203.80 

219,90 

207.30 

251.20 

163.80 

OFP, PSIA 

loo.^^o 

190.70 

184,60 

190,60 

190,60 

190,60 

190.60 

190.60 

184.60 

WEIGHT, LB, 
TOTAL 

194. fto 

183.70 

191.40 

208.63 

216,30 

201,70 

194,20 

184.50 

191.30 

LT, IN. 

80.80 

80.90 

80.^. 



80,89 

80.80 



^MAX' 

6n,73 



















^MAX 

- 

- 

ES'tS 

- 

- 

- 

- 

- 

2513 

BARRIER FLOW, % 

3.59 

3.73 

7.65 

3.32 

0,01 

0,01 

4.69 

4,68 

8.65 

EXTENSION A/AT 

7.91 

7.72 


7.44 

12.55 

12.55 

7.67 

7.70 



Propellant Feed Temperature « 7 ^ : 
♦Eased on Glmtal Pitch and Yaw 
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PRCPELI,ANT , 

COOL I CHANL'H 
COJJCEPT WALL 


, 3EC. 


0/F 

AREA RATIO 
PFP, FSIA 
OFP, PSIA 
WEIGHT, TOTAI 
IT, IN. 


TAS. II 

NOMINAL ENGINE DATA 
100 PSIA, DEX * 50, 80^ BELL 


LOX/Ml-31 + SI 


loxa™ + SI 


DRILL 

INSULATED 

CK '^EL 

DRILL 

CHANNEL 

DF. ^ 

INSULATED 

INSULATED 

AL 

COLUHBIUT'i 

WAi.L 

AL 

WALL 

AL 

C0LUr<BIUK 

COLU^:BIUM 

333.20 

329.60 

336.0 

335.0 

335.0 

335 . T 

327.20 

315.9 

1.0 

1.10 

1.0 

1.0 

1.0 

1.0 

1,00 

2,30 

Lb. 90 

LL.L 4 

58,96 

58.95 

59.^0 

59 . AO 

59 . 3 ^ 

60.15 

206.70 

159 . 3 ': 

188.00 

207.20 

187.70 

205,50 

159.5 

161,3 

159.80 

159.70 

159.80 

159.80 

159.80 

159.80 

159.8 

159.7 

209.60 

234.20 

2 US .90 

S 33.70 

225.20 

214.90 

227 . 20 

239.00 


LOX/CcHo I LOX/N^H^ j LOX/RP-1 


CHANNEL 

WALL 


BARRIER FLOW , 

% 

EXT. A/At 


FUEL FEED te:‘:pbrature - 7 
♦±7^ GIMBPL PITCH AND YAW 
































ORIGINAL 
OP POOR QUALITY 


TAKji X . coMPtrroH pimmTOT sanpue 

CHAAMi AAii ftritEA CHGt^t • KCriMi CUiOntC«S 


PRCPCiUAATS 


PtQM. 


Tmst 

ISP 

tm 

i:t48i 

Cl 

US 

175 

Its 

PC 

CP 


ftAC 

C2 

TC4 

114 

164 


CfCC« 

t9fW 

f74« 

13 

U3 

m 

163 

. €Pi 

C* 

CTAC 

Ktmr 

C4 

TC2 

112 

162 

C/P-C 

6CCT 

|t«R 

H4MPC 

CPiPf 

ICl 

111 

161 

r/^-c 

60SS 

UCtS 

H4PGP 

DHK 

mtT 

PCfU 

liCfrAP 

p^t 

T-Pi 

i9 

•467 Cl? 

CPttP 

7 ACPC 

flfcp 

106$ 

P-C* 

HCK 

CGHTP 

14ft CO 

CtolUi 

fACRU 

T|«IO 

IGAS 

f040. 

303.2 

0.914 

C.982 

1632. 

C.C 

C.C 

C.C06 

*.1 

i.rsoA 

0*956 

C.9H9 

30C6* 

c.o 

0.0 

C.020 

^a.oco 

t.P4li 

4320. 

C.9 64 

15. 2C 

C.090 

C.C90 

C.C 

43 ♦no 

S4S4. 

0.957 

0.990 

59C.C 

C.CI5 

0.015 

C.O 

UA4«| 

10.79 

8.24 

7.126 

22*7 

c.cso 

0.030 

O.C 

?.nr<4 

lft.07 

7.67 

0.456 

96.1 

20.0 

S.9X3 

C.I20 

1«54*4 

124.2 

30.00 

•0*409 

•19.3 

C.900 

70»* 

«•*«*« 

HI .4 

I2S.2 

2*10 

0.2’7 

U.l 

1.120 

7t* 

2647. 

fOOC. 

312.3 

0.931 

0*«frl 

1633. 

C*€ 

0.0 

C.C06 

1-10«0 

Ir.POfrO 

0.955 

C.98^/ 

9006. 

0*0 

0*0 

Q.023 

»O.CC€ 

i.Ot 14 

4720* 

eap4 

15.2C 

C.C9C 

0.C9C 

C.C 

snac 

4063. 

0.915 

0*990 

59C.C 

0.C75 

0*C75 

C.C 

1*440 

19*2? 

4*67 

0.200 

43.7 

c.oo 

C.C3C 

0.0 

l.f P2 

17*42 

4.53 

0*463 

121.7 

20.0 

4*322 

C.32C 

174*4 

200.il 

30. CO 

0.C77 

4.T 

C.900 

7C* 

344C« 


119.6 

2.56 

0*432 

37.7 

1.120 

70. 

3302. 

eaoo* 

314.4 

0*936 

0*9PC 

1933. 

C.C 

C.C 

C.004 

124.0 

i*«iYa 

0.954 

C.fP9 

3CC9. 

C.C 

0.0 

C.C20 

4.1.CC0 

1.0744 

5820« 

C.96 9 

15. 2C 

C.C90 

C.C9C 

C.O 

74. »» 

Stt02. 

0%941 

C.4V0 

59C.C 

C.C79 

U.015 

C.O 


H.96 

4.59 

C.20O 

47.5 

C.03O 

0.03C 

O.C 

1.411 

IT.22 

’.34 

0*446 

117.7 

iO.C 

3.317 

C.320 

P05.3 

216.4 

30.00 

0.'44 

lT.fr 

c.nao 

70. 

3736. 

HO.fr 

114.9 

2.96 

0.498 

46.4 

«.120 

7C. 

3619. 

fOOO. 

314.9 

0.930 

C.9HC 

1833. 

C.C 

o.c 

C.CCfr 

140.0 

1.8261 

0.954 

C.969 

3CCP. 

C.C 

0.0 

c.020 

KCCC 

1.8851 

4320. 

C.97 5 

15.2C 

C.C90 

C.C9C 

C.C 


4619. 

0.‘)63 

C.'90 

S^'C.O 

0.C75 

C.C75 

C.C 

1.640 

!4.81 

3.C1 

0.200 

49.’ 

c.oo 

0.C3C 

0.0 

1.7P^ 

17.05 

4.60 

0.<-3fr 

12C.5 

20.0 

2.719 

C.330 

??;.2 

r?f.9 

30.C0 

0.^^4 

27.1 

C.400 

70. 

3167. 

7H.A 

IM.l 

3>?2 

0.‘40 

57.5 

ia2o 

1C. 

37M. 

frOOO. 

!1?.2 

0.940 

0.<79 

1633. 

C.C 

C.O 

C.035 

?00.0 

l.fc?43 

C.9«4 

0.96^: 

^CC«. 

c.o 

C.O 

C.02J 

5C.fCC 

1.6964 

41*?C. 

C b 5 

!5.^C 

C.C9C 

C.C9C 

C.C 

120. n 

5fr^C. 

Q*S(5 


59C.0 

3.C75 

C.C36 

0.0 

1.440 

14. <r 

7.19 

o.:oo 

54.2 

C.C 30 

C.C3C 

o.c 

I.T40 

16.64 

2.2? 

0.*2»» 

129.C 

20.0 

2.194 

C.3^3 

37?. fc 

24. .2' 

30.00 

0.435 

41.9 

C.9CT 

70. 

4016* 

2fr4.7 

120.0 

3.67 


7*. 7 

1.123 

7C. 

3927. 


frIS 

UlAlt 

l-CH 

l*THl 

t«IH2 

L*C70 

0VA1V 

i*0AC 

frl4 

OfeKP 

G-C6 

if 

Cl 8 AN 

c-c/u 

RTHHif 

imd2 

113 

CM3S 

AHCLC 

M*CiI 

NKJiN 

C/C*C4 

MR INC 

tOHi 

612 

CM a 

CMCIC 

OPOCT 

C34QU3 

l*lf 

Wise 

OilAA 

fril 

CF6C1« 

nut 

veil 

V€iA 

C-T* 


6CH 


CMM 

C/4-C 

C/A^T 

0/A*A CKIMI 


^ WCG 

»P^CH 

CACCf 

HO-C 

KC*I 

K-N 

1-C6 

0VPAS 

tH7l4S 

0P-3A 

HCfrX 

t«o-c 

iMO«r 

fAC*N 

1*T| 

P0O 

ii^TOT 

2.22 

0*1630 

11.169 

4*749 

4«t?0 

6*285 

42.01 

82*15 

30.06 

0*3200 

10.947 

7*546 

10.638 

12.724 

9*53 

>3*53 

21*41 

0.0 

150 

150 

158 

2.0H 

21.20 

09.0 

3.96 

0*3210 

0.143 

9*075 

Oa170 

41.352 

9.00 

96*10 

6.17 

0*2900 

12.37 

23*51 

12»14 

39*947 

29.07 

2^*32 

25.69 

0*2900 

0.045 

1*480 

0.639 

28.05 

11.67 

19^44 

3.56 

0.0591 

199.4 

361 «t 

143.9 

2400. 

O.Q 

U7a« 

10.39 

560.5 

440.5 

52^*5 

344 «2 

14C0. 

1*00 

1V1.9 

2*23 

O.U30 

0.T29 

4*698 

44200 

«*850 

42*03 

81*31 

31*i7 

O.32J0 

10*447 

6*504 

9*543 

14.07? 

9.39 

65*97 

21 .03 

O.C 

136 

136 

136 

5.23 

20.56 

J9*0 

5.32 

0.3210 

0.166 

0*075 

0*269 

50.005 

4.16 

66*68 

5.041 

0.2530 

11.9? 

26*45 

12*30 

44.004 

33.09 

lf*22 

25.54 

0.29 <10 

1*024 

2*0P3 

0.755 

45.78 

7*85 

25.41 

3.29 

0.0593 

100*5 

402.3 

135.0 

24 oc. 

Q.O 

Ul*l« 

9*80 

640.0 

436*1 

611.8 

402*6 

HOO. 

1*00 

192.3 

3.22 

0.1630 

7.345 

4*609 


10*74? 

42.0? 

0C.04 

39.03 

o.?2oa 

10*009 

5*300 

8*637 

16*314 

9.26 

66.10 

21*30 

0.0 

121 

121 

121 

7.91 

19*94 

00*0 

5.29 

0.321C 

0.185 

0*076 

0*311 

55.75? 

9.28 

6^.73 

6.C7 

0.2S00 

14.94 

29*21 

12.51 

45*79? 

37.24 

U.14 

25.19 

3.2900 

1*165 

2*t>70 

0.848 

62.34 

5*90 

29*85 

3.14 

0.C593 

190.3 

474.7 

139*fr 

2400. 

0.0 

114.12 

10.71 

??5.7 

520.6 

594.1 

447.2 

1400. 

1*00 

154.0 

2.23 

0.U30 

6.460 

4.023 

3.587 

11.275 

42.03 

80.55 

36.05 

0.3200 

9.623 

5*231 

7.954 

16*484 

9.15 

A6.07 

20.36 

).0 

110 

lid 

110 

9.74 

15.30 

t9*C 

5.41 

o*!:io 

0.200 

0.076 

0.300 

sa.iO'i 

5.23 

66.V2 

S.7I? 

0.2*^ 30 

1.!.06 

31.77 

12.96 

46.5?? 

39.27 

14.05 

24.06 

0.2«00 

1.322 

3*218 

0*9^6 

77*77 

4*96 

30*96 

2.45 

O.C«41 

213.4 

557.3 

149. e 

740C. 

0.0 

114.1C 

12*61 

793. H 

550.6 

767.7 

484.0 

1400. 

i.eo 

153.9 

2.24 

0.U3C 

5.410 

4.632 

9.19^ 

12.6)1 

42*03 

8C.21 

37.19 

a.7?0u 

8.9fr7 

4.556 

6.977 

17.301 

b *97 

67.9i 

20*i7 

0.0 

95 

95 

95 

14.41 

H.44 

0O«U 

9.72 


0*222 

0.076 

0.300 

61.70) 

^.25 

<*T*1« 

5.69 

o.?^oo 

U.46 

71.95 

13.54 

47.548 

41.55 

11.14 

24.25 

J.3S00 

1.575 

4.254 

1.083 

108.80 

3.71 

34*47 

2.43 

3.J!)91 

245.9 

f25.4 

165.6 

?400. 

0.3 

IIS.«3 

34.75 


600.4 

689.4 

537.5 

1400. 

l.CC 

194*2 
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self explanatory quantitative rating which would eliminate the 
qualitative Judgement of the rater. The ranking definitions 
also reflected engine technology at the time of thd rating and 
sought to Include all areas of which pr'-sented potential develop- 
ment problems. The following comments provide further definition 
of the technical rating factors of Table XI. 


A1 

A2 

A4 

A5 

A 6 

B1 

B2 

B3,b4,B5 

D2 

D4 


El 

(X3) 

E2 


E4 


E5 

(X3) 


Number of mechanical Joints; injector-to-chamber, 
chamber- to-extension. 

Number of metal -to-metal Joints, chamber; weld, 
bra^e and individual electrodeposited metal joints. 
Insulation requirements; reference to the engine 
valve was made for the LOX propellant combinations. 
Start auxiliary controls; "auxiliary valves" covers 
chamber gas purges, "sequence" describes electrical 
timing of starting components. 

Feed system malfunction detection; sensors required 
to insure safe shutdown for ingested gas malfunction 
of the feed system. 

Compatibility; the nickel Jacket of the CWR chamber 
is attacked by HNO 3 lormed by moisture + N 2 O 4 ; the 
BAR chamber has a potential problem of water corro- 
sion of the drilled cooling passages. 

Inspectability, surface, visual; the liquid passages 
of the regen chambers cannot be visually inspec d. 
Reflect additional components that require checkout 
and potential maintenance and servicing problems. 
Potential restart restrictions; <5 min., is for 
example: engine cannot be restarted in less +han 5 

minutes after any duration firing. 

Malfunction Sensing (Time to Pc); an engine with a 
closely repeatable start transient, tim^ to 90 ^ Pc 
for example, could employ a timer tied into a P^ 
pickup to initiate shutdown if P^ is not obtained 
in the "nominal" time. T?“3 timer circuit could be 
employed for increased engine safety. 

Cheunber cooling effect on injection; potential 
change to engine combustion efficiency, heat 
rejection or stability due to regenerative heating 
of the propellants. 

Feed system malfunction detection sensitivity - 
time available to sense a malfunction before 
chamber temperatures exceed limit for thermal cycle 
life. 

Sensitivity design point. Is*) calculated Igp 
variation over the defined off limits operation 
requirement of ± 10 ^^ Pc, 0/F 

Confidence in jjrcdJcted Igp bacod on cooling r‘'ouiied; 
confidence in predicted vortex I’ilm (tooling and heat 
rejected to regenerative coolant 


III-57 



E8 

(X3) 


F5 

(X3) 
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Design margin off limits injector; the potential of 
insufficient injector face or baffle cooling margin 
could lead to costly injector modification - impacts 
regenerative cooleJ chambers with N2O4 injector 
regen cooling. The chamber and extension margin 
can be improved as necessary by increasing film coolant 
a change more easily ade. 

Demonstration required; the demonstration of the 
required engine cycle and accumulated firing life 
represents a relatively large development cost impact. 
The drilled A1 concept has been demonstrated for over 
1 h''ur of firing by the Agena Engine operating at 
500 psia Pc and, therefore, limited additional 
demonstration would be required for OME. Itie Icb 
demonstration can take advantage of svbscale engine 
firings to demonstrate coating life. The CWR chamber 
has not been demonstrated and subscale testing is not 
applicable because the design is thermal cycle life 
limited. The ’•eference to "extrapolate full duration" 
v:as intended to cover the testing of columbium chambers 
p-.id nozzle ' ensions and assessment of one potential 
problem, F rittlement, by measuring the Hg 
diffusion deptn penetration at less than full duration 
end extrapolation of that quantity to full duration. 


Table XII shows the engine ratings against the Table Xi definitions 
The insulated colxir.t'^um approach with NgOi^Amine propellants has 
the highest total (i35«5) followed by the drilled aluminxun N2O4/ 
Amine design (II8.8) and ohe Icb engine with LOX/MMH (110.5). 


L0X/C3Etj and LOX/NgH^ can be considered only with the Icb chamber 
because of the limited rt^en cooling potential of C3H8 and NpH^. 
The use of NpH4 for vortex film cooling has no test verification 
which reduced its overall technical rating. 


3. Cost Comparisons 

The engine's cost comparisons are presented in Table XIII. The 
Isp, feed pressure and engine weight A costs were developed 
from the McDonnell-Douglas QMS trade studies on the basis of the 
nominal engine design data. A separate baseline feed pressure 
was used for the Task I and Task II propellants because of the 
difference of nominal chamber pressure, 1P5 versus 100 psia. The 
"$A tech rating" is included in the cost comparison to estimate 
the change in OME program cost based on the engine's technical 
ratings. That A cost reflects the rating of the insulated 
columbium engine as b‘»'.eiine, the estimated engine manufacturer's 
cost of $25>000,000 and a factor of I.5 to reflect the cost to 
NASA. The I.5 factm- reflects the additional cost to the ^ jd 
subcontractor, and ^ e shuttle prime contractor. The technical 
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TABLE y-3 

TECHNICAt RATING FACTORS TA8K I AND TASK II 


WEIGHT 


4 

3 

2 

1 


A. COMPLEXITY 





1 

1. NUMBER OF MECHANICAL JOINTS 

0 

1 

2 

> 2 

1 

2. NUMBER OF METAL TO METAL JOINTS, CH 

0-1 

2*3 

4 6 

>6 

1 

3.COATING% OXIOATIO'I RESISTANCE 

NONE 

NOZZLE 

EXTENSION 

CHAMBER AND 
NOZZLE EXT. 

TCA AND COOLING 
PASSAGES 

1 

4. INSULATION REQUIREMENTS 

NONE 

VALVE 

COMBUSTION 

CHAMBER 

AUX. VALVES 
AND SLQUENCE 

VALVES AND C.C. 

1 

0START AUXILIARY CONTROLS 

NONE 

AUXILIARY 

VALVES 

AUX. VALVES 
8EQ. AND 
SENSING 

1 

(^FEEO SYSTEM MALFUNCTION DETECTION 
B. SERVICING AND MAINTENANCE 

CHAMBER 

PRESSURE 

Pc AND TEMP. 

p,,tempX? - 

■♦PLUS OTHER 

1 

1. COMPATIBILITY PROPELLANT, FLUIDS 

COMBAT 

DEMONSTRATED 

POTENTIAL 
LONG TERM PROS. 

REQUIRES 

PURGE 

REQUIRES 
PURGE AND 
flUSH 

1 

2. INSPECTIBILITY, SURFACE, VISUAL 

EXCELLENT 

GOOD 

FAIR 

1 NOT POSSIBLE 

1 

^CHAMBER COMPLEXITY (ADO ITEMS A1-A4 

16 

12 

1 ® 

4 

1 

@START AUXILIARY CONTROLS, <A6) 

NONE 

1 AUX. VALVES 

AUX. VALVES 
ANDSEQ. 

AUX. VALVES 
SEQ. AMD SENSING 

1 

1 

(^FEEO S 1 STEM MALFUNCTION DET. (A6) 
C. FABRICABII ;rv (CHAM&EI ) 

CHAMBER 

PRESSURE 

Pc AND TEMP 

i P.TEMP ^0 — 

^PLUS OTHER 

1 

1 JOINING TECHNIQUES 

WELD 

BRAZE ORE.D. 

^ BRAZE ANDE.D. 

DIFFUSION ^ BOND 

1 

2 FABRICATION METHODS (CHAMBER) 

MACHINING 

PLUS EDM 

PLUS SPINNING 

PLUS OTHER 

1 

3. INSPECTIBILITY, NOT 

EXCELLENT 

GOOD 

OR £. 0 

FAIR 

POOR 

1 

4. PROCESS CONTROLS 

DEFINED 

DEF(?«ED FOR 
SMALLER 

DEVELOPMENT 

REQUIRED 

NEW PROCESS 

1 

- 

S TOOLING REQUIRED 

NOMINAL 

LOW COST RE 
USABLE 

LOW COST 

HIGH COST 


Q REPEATED FACTORS AND WEIGHT OP "START AUX CONTROLS" "FEED SYSTEM MALFUNCTION DETECTION" IS 3 


£.0.M. - E.EC'-iDvPOSITED MACHI ;illG 
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TABIH V-:i 

TECPNtCAL RATING FACTORS TASK I AND TASK M (CONT*D) 


WEIGHT 


4 

3 



2 


1 

0. START 
VTYPE 

HYPERGOLIC 

NON HYPER. 

NON I 'YPER 

NONHfPER 

1 

2. POTENTIAl RESTARl RESTRICTIONS 

SPACE DEMO. 
NONE 

SPACE DEMO 
< 5 MIN 

8L DEMO 
6*16 MIN 

NOT OEMOO 
> IBMtN 

1 

0AUXILIARY CONTROLS, AS 

NONE 

AUX VALVES 

AUX. VALVES 

AUX. valves 

1 

4. MALFUNCTION SENSING (TIME TOP^) 

REPRODUCIBLE 

CLOSELY 

AND Sr ^ 
P^ RLY 

SEQANDSfNSHWe ) 
ALT START 

3 

E. STEADY STATE OPERATION 

1. CHAMBER COOLING EFFECT ON IN* 

START TRANS. 
NONE 

REPRODUCIBLE 

HEATED 

REPRODUCIBLE 
HEATED PUEL 

TRANS. NOT 
DEFINED 

HEATED FUEL 


JECTION 

2. FEED SYSTEM MALFUNCTION DETECT, 

NOT SENSITIVE 

OROP. DEMOD 
> 1 SEC. 

NOT OCMOO 
< 1 SEC 

AND OX NOT DEMOO 
•V tSfiC 

* 

SENSITIVITY 

@FESO SYS ’EM MALFUNCTON DETECT, 

CHAMBER PRES* 

Pg AND TEMP 

Pe,TEMF 
> 1< 2% LOSS 

•*PLU8 OTHER 

1 

COMPLEXITY (4^ 

4. SENSITIVITY TO DESIGN POINT. I,p 

SURE 

NOT SENSITIVE 

< 1%L088 

>2% LOSS 

3 

5. CONFIDENCE IN PREDICTED BASED ON 
COOL'NQ REO'O 

6. DESIGN MARGIN. OFF LIMITS. CHAMBER 

• 0 

t 1% 

1 2% 

> i 2% 


1 

0.6 

0.4 

0.2 

0 

i ' ^ 

7. DESIGN MARGIN. OFF LIMITS. EXTENSION 

>0.6 

>0.4 

>0.2 

>0 

* 3 

8. DESIGN MARGIN. OFF LIMITS. INJECTOR 

0.6 

0.4 

0.2 

0 

1 

j 1 

F. DESIGN LIFE 

1. CHAMBER COATINGS 

1 

NOT APPLICABLE 

DEMOD AT 

DEMOD AT TEMP 

PARTIAL OEMOO 

1 

2. CHAMBER MATERIAL STRUCTURAL 

DESIGN TECH 

OPERATING CONO 
EXTRAPOLATED 

POTENTIAL 

CRITERIA AND 

1 

DESIGN CONFIDENCE 

AND PROPERTIES 

MATERIAL 

PROPERTY 

PROPERTIES 

1 

1 

1 

‘ 1 

AVAILABLE 

PROPERTIES 

DEPINITION 

NOT DEFINABLE 

i 1 

1 

1 

3. GAS EMBRITTLEMENT. CHAMBER i 

LIFE OEMOO 

NO INDICATION 

PROBLEM 

POTENTIAL 

KNOWN PROBLEM 

i 

i ’ . 

1 

4. GAS EMBRITTLEMENT. NOZZLE EXTENSlOf 

4 LIFE DEMOD 

1 TESTING TO DATE 
NO INDICATION, 

PROBLEM 

POTENTIAL 

KNOWN PROBLEM 

3 i 

5. DEMONSTRATION REQUIRED 

AVAIL DATA 

TESTING TO DATE 
PLUS LIMITED 

PROBLEM 

EXTRAPOLATE 

FULL SCALE 



AND NOW FiriNQ 

PULL SCALE 

! PULL SCALE 

TCA ONLY 





PLUS SUBSCALE 

1 ^ _ 4 

FULL LIFE FIRINGS 
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TABLE V-') 

COST COMPARISONS x :o'" 



:uiL 

r~ 

K^C 

4 

n 







LOX 


1 LOX 

LOX 

LOX 

~n 


■HI 




i)l 


50-50 

. 


MMH 



I- SI 

RPl 

nn 

KSilSi 


COIiCSP^ 

In 

DAR 

CWR 

rwR 

CVR 

DAR 

CWR 

DAR 

Icb 

CWR 

DAR 

Icb 

CWR 

DAR 

CWR 

Icb 

mgg 

• • 

V 

0 


-8.A5 

-a. ^3 

-la.^^o 

- 1 D.'> 

-f .5^ 

- 7.59 

+2, {2 

- 27.25 

- 27.13 

-22.fi? 

- 30 , 4 ? 

- 50.47 

- 30.05 

- 6.65 

-24.74 


1 FEED 
FRS^o'JRE 

: 

.?3 



+3. ’>3 

+ 3.93 

+4,17 

+ 10,36 

+0,01 

+ 3,04 

+ 8.41 

0 

+ 5,10 

+ 8.50 

+ 2.97 

0.-92 

+ 0,14 

V 

: EPraiNE 
V/SIGKT 

j 

-0.13 

+ 0.08 

+ 0,40 

+0,30 

+ 0,^*5 

0,Or.7 

0,166 

0 

0,70 

0,44 

1.03 

1.38 

1.01 

1.25 

1,14? 

0,88 


■ TECh © 
EATIKC; 


+ :>.?3 

+ 1.39 

+11, 

+ 1.5.' 

+ 0,53 

9.42 

5.27 

0 

21.6 

13.2 

7,95 

20,6 

1 .2 

21,6 

11,6 

19.2 

-i ^ 

1 OVF © 

A 



0 

0 

0 

0 

0 


10 

10 

10 

10 

10 

10 

10 

10 


sy>: 


- .85 

-3.00 

+ 6, 5o 

+6.03 

-6, ?6 

+6,07 

+7,8y 

+2.73 

+ 10.09 

+ 6,92 

- 3,64 

+ 6,61 

+ 4,24 

+ ^,77 

+I6,4fc 

+ 5.48 


CO.T.^RSIONS 

OX 

FUEL 

\ \ 
AMI.VB 

LOX 

AMIRE 

LOX 

LOX 

RPl 




1.432 

1.1 ;5 

1.232 

1.318 

KcDONNEXL DOUGLAS 

: 7 FCI 


0.141 

0.177 

0.196 

0,184 

CMS TRADE STUDIES 

: '' . WEIGHT 


0, T ?4 

0.024 

0,024 

0 

• 

0 

PROGRESS REPORT NO 
15 AUGUST 1972 


o 




FACTOR OF 1,& ESTIMATED .•>K\'ERSIOK BAC PRICE TO TOTAL PROGRAM COST 
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rating wel^t of 3 was selected in order to impact the development 
cost from $825,000 minimum to $2,475*000 maximum for the high 
technical risk elements. 

The last element of A cost was the estimated difference to the 
OMS for the Task II propellants. Ihe 10 million dollars is 
primarily associated with the development and qualification costs 
of the insulated LOX tank. 

4. Recommendations 

The recommendation for the OME reusable thrust chamber and 
propellant combination based on the Task I and II effort 
resulted from the technical and cost ratings. The four "best” 
approaches wore: 


Technical Rating Cost Rating (X10~^) 


135.5 

Icb 

N204/Amine 

-3.31 

Icb 

LOX/MMH 

118.8 

BAR 

N2O4/ Amine 

-1.13 

BAR 

N2OZ/MMH + Si 

110.5 

^cb 

LOX/MMH 

0.00 

Icb 

N2O4/MMH 

108.3 

CWR 

N2O 4/Amine 

+ 1.10 

CWR 

N2O4/MMH + Si 


The apparent high technical rating of the Icb with N202^Amine 
propellant appeared to offset the small cost advantages of the 
LOX/MMH propellant combination with the Icb chamber and the BAR 
design with N20i^/MMH + Si. Therefore, the insulated coliunbium 
thrust chamber engine with N2O4/MMH propellants was reported as 
the best choice based on the Task I and II studies and rates. 

Subsequent effort under contract NAS 9-12803 as presented in this 
report, showed that both the Icb were capable of achieving 

their predicted performance with N20^MMH. The Icb design also met 
its nominal temperature definition of 2400° F. The heat rejection 
to the MMH regen coolant was shown to be significantly less than 
predicted providing higher thermal margins and allowing the use 
of an uncoated Haynes 25 no7zle extension in place of the coated 
columbium extension. A flat face injector with acoustic cavities 
was shown to provide damping for bomb induced combustion distur- 
bances. The successful bomb testing showed that the Task I and 
II definition of an injector with a 5 leg baffle could be changed 
to an injector with no baffle and Incorporating the acoustic 
cavities. Finally, analyses of the feed system gas ingestion 
malfunction showed that engine damage coula be prevented by 
chamber pressure sensing only. 

The subsequent tests and analyses change the technical and cost 
comparisons described above. Changes to tiie technical rating 
factors of Table XII are as follows: 
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A 6 , B5» E3 - all engines change to a rating of 4, chamber 
pressure sensing only provides the necessary engine pro- 
tection. 


C2, C5-change CWR rating from 2 to 3 reflecting milling 
of liner cooling passages rather than EDM. 


El 


E2 

E5 

E 6 

e3 


E5 


Change rating of NoOii regen engines from 3 to 12 
(weight of 3 )* heated fuel shown to have no impact 
on performance or stability; LOX engines change 3 
to 9 « 

Change regen engine ratings from 1 or 2 to 3; 
chamber pressure sensing of feed system malfunction 
negates the effect of detection sensitivity. 

Raise regen chambers witn oxidizer to 12, 

LOX to 9 based on increased confidence of predicted 
Isp* 

Raise regen chambers from 2 to 3» iir^jroved cooling 
margin demonstrated. 

Raise regen chambers from 6 to 9 for improved 
injector cooling margin by elimination of baffles 
and change from N 2 O 4 face cooling to fuel face 
cooling permitted by lower heat input to fuel in 
chamber. 

Raise CWR from 3 to 6 based on thrust chamber 
firing demonstrations. 


The result of the above changes on the ratings for the 6 "best” 
ar as follows: 


Technical Rating 


142.5 

Icb 

N 20 /^/Amine 

141.8 

DAR 

N 2 O 4 / Amine 

137.3 

CWR 

NgO/^/ Amine 

117.5 

Xi 

0 

H 

LOX/MMH 

113.5 

DAR 

LOX/ Amine 

0 

• 

0 

CWR 

LOX/ Amine 


Cost Rating (X10~^) 


- 6.93 

CWR 

N 2 O 4 /MMH 

-6.26 

DAR 

N20i^/'mH 

-3.84 

Icb 

LOX/MMH 

- 3.09 

CWR 

N 2 O 4 /MMH 

- 0.88 

DAR 

N 2 O 4 /MMH 

0.00 

^cb 

N 2 O 4 /MMH 


+ Si 
+ Si 


The technical ratings of all engines increase. The difference 
in technical ratinr between Icti the regen chambers and 
between the DAR and CWR is reduced. The relative rating between 
N^Gi| oxidizer and LOX oxidizer engines increases for the regenera- 
tively cooled chambers. Therefore, with little technical rating 
difference between the various cheunbers the cost ratings would 
recommend either CWR and DAR with N 20 i. and MMH with silicone oil 
additive. Prohibition of MMH !- Si and LOX in order to have common 
propellants for the OMS and RCS makes CWR with N 2 O 4 /MMH the 
;«prall choice. 
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In conclusion, the large technology base established by the 
remainder of the program changes the recommended type of thrust 
chamber from Icb to CWR and confirms the selection of N2O4/MMH 
as the OME propellant combination. 
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rv. 6000 LBF COLUMBIUM CHAMBER DESIGN, FABRICATION 
AND DEMONSTEIATION TEST 


A. Columblum Thrust Chamber Design (Task III) 

The columbium thrust chamber was designed in accordance with 
the Task I studies which set the chamber diameter at 10 inches, 
chamber amd throat thicknesses at 0.105 and O.I50 respectively 
and the combustion chamber length at IO.OI3 inches. The chamber 
length provided an L* of 30 inches with the combustion volume provided 
by the Injector assembly. The design was consistent to the 
nominal NgOip^MMH 6000 Ibf chamber at a chamber pressure of 125 
psia. The divergent nozzle of the demonstration chamber was 
restricted to an area ratio of 15:1 by the altitude test facility 
at Bell. The development nozzle contour was established as a 
truncated section of the full nozzle contour rather than an 
optimized 15:1 shape. The contour selection was based on an 
agreement with the program monitor in order that the data gener- 
ated would be comparable to the results generated under the 
second technology contract, NAS 9-12802. The chamber is shown 
in Figure li'^-l. 


The predicted operating characteristics for the columbium thrust 
chamber from the Task I studies included the following from 
Table VIII, Section III. 


Design nominal maximum temperature 
(insulated) 

Off limits {-10% P(,, +12^ O/F) 
maximum temperature (insulated) 

Nominal barrier flow \% of total 
flow) 

I (corrected to e = 7^*3) 

^^00 


2400 °F 
2548° F 
7.657 
310.5 sec. 


The chamber design reflected a study of alternate fabrication 
techniques to reduce cost and the fabrication schedule. The 
selected chamber definition included a weld-on injector mount- 
ing flange, a longitudinal weld seam in the barrel and convergent 
divergent nozzle, and a weld-on nozzle extension to an area 
ratio of 15:1. The extension was defined with two longitudinal 
weld seams. All welds were established as full penetration 
electron beam type. Testin ^ at Bell on other programs has shown 
that no significant columbium property reduction is encountered 
across narrow beam E.B. welds. The demonstrated characteristics 
of the columbium E.B. welds permitted the multi-section chamber 
design. The chaunber colximbium alloy selected, C-I03, was based 
on structural analyses that confirmed its adequacy, the superior 
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forming characteriotics of that alloy relative tc higher 
strength Cb alloys and the material availability. The raulti- 
sectiori approach and alloy selection minimized material, 
tooling and fabrication costs and insured a relatj-zely short 
material procurement and chamber fabrication lead times. 

The coating selected to prevent oxidation the columbium 
shell and embrittlement from the combustion gas hydrogen species 
was HITEMPCO R-512E. The coating selection was based on its 
demonstrated compatibility with the propellants and all combina- 
tions of propellants, moisture and flushing fiu'ds. The R-512E 
has demonstrated steady-state temperature life in combustion 
atmosphere (oxyacetylene torch) in excess of 212 hours at 2200° F 
and 80 hoxirs at 2400" F. The coating has survive ; more than 
10,000 thermal fatigue cycles to 2200°F. ('^) Previous experience 
at Bell and elsewhere has shown that the coating is nt fc easily 
damaged during normal handling. The columbium coating diffusion 
zone has a Vickers hardness of 1000 which provides a high 
resistance to scratch damage. The diffusion zone also reduces 
base metal hardness increase by hydrazine embrittlement. Essen- 
tially no columbiuun elongation or tensile strength changes 
have been noted after 10,000 seconds of firing with RCS units. 

Use of Vac Hyde VH109 coating was considered prior to coating 
the second 6000 Ibf coliunbium chamber (Task VI). Data from 
NASA CR712119 was reviewed. The relative merits of VH109 and 
R512E were also discussed with Lockheed, NASA Lewis and Air 
Force Material Laboratory personnel. The data and discussions 
confirmed the selection of the R912E for the demonstration 
columbium chambers. 

B. Columbium Thrust Chamber Fabrication (Tasks IV and VI) 

The procurement of material for chamber described above and 
the chamber fabrication under Task IV was accomplished over a 
4 month time span through January 1973* Material lead time 
was approximately 2-1/2 months. The chamber components were 
fabricated as follows: 

1. Injector Mounting Flange 

The flange was machined from a forged C103 billet with excess 
material to machine the injector mating surface and the I.D. 
to 10”. The flange and the other chamber components are shown 
in Figure IV-2. 

(x)Tlolloway, J. P. Jr., "Evaluation of Coated Columbium 

Alloys for Burner Application" AFML-TR-71-1'^7, August 1971. 
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2. Barrel, Convergent - uivergent Nozzle 

•The section ' started as a '"cyi-iricier rolled ' from plate stock 1,0 
8 inch I«D, and E,B. welded. One end was bulge Torraed 

to the 10 Inch I.D. of the barrel section; the other end was 
tapered from 8 inch to 10 inch by bulge forming. The center 
section was spun to the approximate throat diameter and the 
contour upstream and downstream of the throa-c. 

The forming of the throat required higher force and more 
annealing cycles than originally anticipated. Hand held 
spinning tools were replaced by hydraulic drive tools to complete 
the part. The manual spinning resulted in minor weld flows 
which were repaired. 

3. Nozzle Extenslca 


Twc halves of the extension were rolled from .060 thick sheet 
stock to cone shape, seam welded and then bulge formed to final 
contour. Trie lip at the nozzle exit was formed by spinning. 

The use of constant thickness sheet stock was based on material 
availability and ease of fabrication. Machining to the necessary 
structural thickness of 0.02C inches was considered unnecessary 
for the planned demonstration firings. 

Assembly 

The assembly was accomplished by machining mating surfaces of 
the three chamber components to allow butt E.B. welds. The 
Injector mounting flange to chamber weld was accomplished without 
incident. Some difficulties were encountered in the nozzle-to- 
nozzle e>:tension weld which were precepitation hardened by a 
lack of penetration on the first weld. Subsequent welding of 
the chamber resulted in more distortion than acceptable and 
reforming and reweldlng was required. A sound weld was completed 
by annealing the parts. The chamber and throat section were 
subsequently machined to drawing requirements. 

Chamber coating inside and out with i’-512E was completed as 
scheduled. The chamber assembly is snown in Figure IV-3« 
Thermocouples were subsequently i-esistance welded +0 the 
outside chambe*’ wall after local coating removal. The thermo- 
couple installation was painted with Pyrochrome to provide 
short term oxidation resistance of the columbium where the 
coating was removed. 

The fabrication of the second chamber under Task VI paralleled 
the above description with the exception that the throat section 
employed hydraulic driven spinning tools only which expedited 
forming of that part. The second chamber was fabricated with a 
barrel section approximately two inches shorter than the first 
unit t'D permit testing with a reduced L*, 25 inches. 
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C. Demonstration Testing (Task V cuid VIII) 

1. General 

The initial columbium chamber testing (Task V) with the 30 L* 
chamber was conducted in two phases. A five leg baffle stain- 
less steel injector was used for the first test series. That 
injector was designed in accordance with the Task I and II 
OME definitior:3 which incladed a 10 inch diameter chamber and 
injector. • injector 5 .icorporated triplet elements with an 
^uter ring or unlike doublets. Test results with the stainless 
steel 'njector fell approximately 2% short of the predicted 
Isp «-■ the design operating conditions of 125 psia chamber 
pressure, N 20 i 4 /MMH propellants at a mixture ratio of 1.64 and 
a maximum insulated chamber temperature of 2400®P. The injector 
operation in the columbium chamber was characterized by non- 
uniform throat temperatures associated with the baffle config- 
uration. An attempt to improve the temperature uniformity 
was successful but was acnieved at the expense of combustion 
efficiency. The net result of the change was little or no Isp 
improvement within the 2400“F maximum temperature restraint. 

With the agreement of the program monitor, the Task V testing 
was interrupted until a second injector became available. 

The second 6000 Ibf, NgO^^^/MMH, 10 inch diameter injector was 
fabricated from aluminum and incorporated •'coustic cavities 
for the suppression of high frequency combustion instability. 

Fuel vortex film cooling was maintained as the approach to the 
gas film temperature reduction. The triplet injector element 
was used exclusively and the flat face design allowed the center- 
line of the triplet elements to be in line with the chamber 
radius. Aluminum was employed to expedite the injector fabrica- 
tion. Testing with the second injector with the 30 inch L* 
chamber demonstrated operation within 0.5 seconds of the Isp 
goal at the maximum temperature of 2U00°F at nominal operating 
conditions. The tests confirmed the off-limits operation temper- 
ature predictions. 

Tests under Task VIII, "Alternate Thrust Chamber and ^ Testing”, 
evaluated operation with chamber L*'s of 26, 30 and 34' inches 
with a second aluminum injector. The second aluminum injector 
pattsrn was similar to the first; modifications were made 
primarily in the oxidizer inlet manifolding to Improve the 
triplet element impingement. Tests with the second aluminum 
injector showed that the predicted Isp could be exceeded by 1 
sec. with an L* of 34 and that the Isp with N 2 O 4 / 5 O -50 blend 
was essentially equal to NgO^/MMH. 
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2. Test Injector Descriptions 


The stainless steel injector was designed with triplet elements 
(2 fuel on 1 oxidizer) with a single ring of unlike doublets 
near the outside diameter and separate orifice for fuel vortex 
film cooling. The injector design includes a 5 legged baffle 
(integral with the injector face) and acoustic slots designed 
for the first radial mode to assure stable operation in combina- 
tion with the baffles (Figure IV-^). A view of the completed 
injector is shown in Figure IV-5* The injector baffle and face- 
plate are fuel cooled through radial feed holes with the fuel 
flowing radially outward through the baffle, then inward through 
the face coolant passages to the fuel orifices. The fuel vortex 
film separately fed to permit variation of fuel film flow inde- 
pendent of main injector flow. The injector propellant feed 
system consists of a single center feed fuel port and a single 
oxidizer port, each feeding their respective manifolds and 
orifices. All weld joints are designed so that any leakage 
would be overboard. 

The first aluminum injector is shown in Figure IV-6 after several 
firings. The unit was designed with 184 radial triplet elements; 
the injection holes of each element are on a radius line. The 
face of the injector has electron beam welded ring sealing cir- 
cumferential propellant manifold slots. The acoustic cavity/ 
fuel vortex film coolant ring suba.»sembly made provision for 
8 cavities of 1.65 inches depth and 4 cavities of 0.76 inches 
as shown in Figure IV-7* The 8 deeper cavities were designed 
to damp the first tangential mode of instability; the 0.76 
deep cavities were sized for the Lhird tangential and first 
radial modes. The injector was d'^signated AL #1 Mod A after 
manifold changes as described in the following section. 

The second aluminum injector is shown in Figure IV-8. The 
number of triplet elements are increased to I 96 to provide 
consistent spacing between the outer and second ring of elemei ts. 
The fuel inlet is on the injector centerline supplying radial 
distribution holes. The oxidizer inlet is off center supplying 
a flat annular distribution manifold. The circumferential 
manifolds near the face required E.B. welded face rings. 

The nominal injection orifice pressure drop of the second 
aluminum injector (AL #2) was desifned for 4o psi, approximately 
5 psi above AC #1 Mod A. The AC #2 injector utilized the same 
acoustic cavity vortex ring subassembly employed with AL #1 
Mod A. 
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ALUMINUM INJECTOR ASSEMBLY - DESIGN DATA 



1 ^ACOUSTIC 
' SLOTS (12) 


ACOUSTIC 
SLOTS MODE 

SLOT 

DEPTH 

"A" 

1ST TANGENTIAL 

1.650 

3RD TANGENTIAL 
OR 1ST RADIAL 

0.769 


FIGURE IV-7 


Bell Aerospace 


civis«o*»o# 



10 INCH DIA. ALUMINUM INJECTOR No. 2 





ISS^ 








fy ': 



196 TRIPLETS 
ORIFICE AP ■ 40 PSI 

FIGURE IV-8 

Bell Aerospace o.v..o.o. tsaiw 




Bell Aerospace Company 


3. Injector Check-out Firings 
a. Stainless Steel Injector 

Firing tests at sea level were conducted to define performance, 
c*, as a function of chamber pressure, overall mixture ratio 
and percentage of fuel vortex film coolant. The tests also 
characterized the heat rejection to the throat section. The 
tests were conducted using a thrust chamber assembly consisting 
of an uncooled steel combustion chamber and a segmented v;ater 
cooled nozzle. Figure IV-9. The longitudinally segmented nozzle 
was used to obtain a peripheral heat rejection signature for 
the injector. 

A total of 15 tests were made for an accxunulated run time of 
201 seconds (See Table I). Testing was performed over a 
mixture ratio (O/F) range of 1.42 to 1.92, a chamber pressure 
range of 112.5 psia to 139*8 psia, and a vortex flow (P) range 
of 6.65^ to 10.36^. Run durations were nominally 15.0 'seconds 
duration except for the initial tests conducted and for one 
inadvertent fuel propellant exhaustion test, run 4407* During 
that test the fuel exhaustion was gradual and was attributed 
to vortexing around the feed tank; stand pipe. The decrease in 
fuel flow caused a gradual drop in chamber pressure until the 
chamber pressure low level switch initiated shutdown at approxi- 
mately 95 psia. This pressure transition was gradual and showed 
no signs of oscillatory combustion at the lower pressures. 

The basic test setup and ins1 ’ cion coverage is shown in 

Figures IV-10 and IV-11. Th' or v/as fed through a blpro- 

pellant valve. A separate f ,/ijCs. cfas employed for the 
fuel vortex film cooling. Tv. flowmeters were used in each of 
the three propellant feed lines. Thrust measurements were not 
made for the sea level tests. 

The c* data is plotted in Figure IV- 12 as a function of film 
coolant , ^ with lines of constant 0/F Inferred from the data. 

In general, the data follows the predicted c* for the individual 
run conditions nut at 0.4 to 1.3^ lower values. The predicted 
c* as used in Llic Task I studies was: 

c> = 4320 0.99 (1-^) c* core 

The higher percentage differences we^e observed at low mixture 
ratio and nominal O/F at the higher percentages of film cooling. 
Ohambor j/ressuro variation from approximately 113 137 fr.ia 

was observed Ic; have little cff(}(!t on the? eharaetfjristic velocity, 
as j^redi '■ ted ; c' core- at a rej rcL ntative r'ixtun; ratWi (2.2j 
changes approximately l4 ft/sec between - 110 and l^o psia. 
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TABLE I 


OME 6K thrust PROGRAM 
S2A LEVEL TEST DATA 


TEST 

D--U. 

DUR. 

SEC. 

DATA PT. 
SEC. 

CORK 

PSIA 

R 

OVERALL 


FT/SEC 

% 

®'^*N0Z 

BTJAK^SEC 

9/<' VORTEX 
BTUAMSsEC 

btu/xn^sec 

J»395 

2.0 

1.5 

123.8 

1.703 

10.36 

5309 

92.9 



• • 

A396 

7.8 

7.3 

124.1 

1.655 

10.04 

5349 

93.7 

1.06 

0.465 

0,674 

4397 

15.5 

15.0 

123.7 

1.635 

10.16 

5359 

93.9 

1.08 

0.571 

0.661 

^398 

15.1 

14.6 

123.5 

1.596 

8,39 

5*63 

95.7 

1.26 

0.535 

0.769 

'*399 

15.4 

14.9 

124.0 

1.604 

7.47 

5*93 

96.2 

1.41 

0.837 

0.826 


15.1 

14.6 

122.6 

1,677 

10.17 

5338 

93.5 

1.08 

0.492 

0.603 

4401 

15.1 

14.6 

121.9 

1,921 

6.64 

5389 

9*. 9 

1.39 

0,451 

0.590 

4402 

i5.3 

14.8 

122.2 

1.855 

9.83 

5229 

91.8 

1.04 

0.404 

0.505 

4403 

15.1 

14.6 

124.6 

1.421 

10.18 

5*35 

95.8 

1.12 

0,95* 

0.923 

4404 

14.8 

14.3 

124.5 

1.447 

7.17 

5511 

97.0 

1.44 

-- 

— 

44C5 

13.6 

14.3 

110.6 

1.686 

6.91 

5*77 

95.9 

1.31 

0.376 

0.645 

4406 

15.0 

14.5 

112.5 

1.672 

9.80 

53*7 

93.6 

1.02 

0.299 

0.549 

4407 

© 7.2 

6.0 

13*..'’ 

1.661 

7.29 

5*86 

96.1 

1.40 

0.435 

0.890 

4408 

15.0 

14.5 

13*. 7 

1.662 

7.50 

5*68 

95.7 

1,47 

0.759 

0,860 

4409 

15.1 

14.6 

13*. 6 

1.631 

10.03 

5367 

94.0 

1.18 

0.498 

0.753 

4410 

2.3 

1.8 

124.x 

1.728 

8.87 

5376 

94,1 


.. 

-- 

4411 

2.2 

1.7 

122.8 

1.681 

9.11 

5388 

94.3 

— 

— 

— 

4412 

15.1 

14.6 

120.7 

1.671 

9.36 

5372 

94.0 

1.11 

0.532 

0.733 



Hardware; Injector, Stainless Steel, 5 leg baffle; 8693-'^T3001-l; 1 

Chamber. Steel 8693-^70021-1; 5/N 1 

Nozzle, Alurndnuffi, Wa^'er Cooled 8693-470016-1; S/R 1 



correction factor Is O.983 
Abbreviated run due to exhaustion of fuel supply 


Target 5^97 C* 

7.65 
Pc « 125 
0/P . 1.64 
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Nozzle rejection data is shown In Figures IV-13 and IV-1^. 

The total heat rejected as a function of^ is less than predicted, 
llie trend of increasing heat rejection with reduced 0/P is 
consistent with the T film , ^ * equation and the definition of 
at lower 0/F and higher c*, jfi* decreases and T fxlm 
'increase. The effect of chamber *pressure is consistent with 
theory showing an increase of Q with The polar plot 

of Figure IV-14 suggests reasonably uniform circumferential 
heat rejection. 

Measurement of fuel temperatur- after flow through the baffle 
and in the fuel vortex film manifold provided average Q/A for 
the baffles and the passages to the vortex manifold. The 
average Q/A for the baffle and the passages to the manifold 
agreed closely with predicted values. 

Testing of the demonstration columbium chamber at altitude with 
the stainless steel injector was characterized by below goal 
c* and non-\iniform heat rejection as discussed in the following 
section. Injector modifications were evaluated to improve the 
heat rejection uniformity. 

b. Aluminum Injector No. 1 

The initial check firings of AL #1 showed performance Improvement 
relative to the stainless steel injector; essentially the same 
c* was obtained as a function of but witn an average water 
cooled nozzle heat flux reduction of lOJ^. Subsequent firings 
with a sea level columbium nozzle indicated that the goal c* 
could be approached for insulated columbium operation of 2550®, 
150® above the design temperature. The nozzle, barrel section 
and injector retained the characteristic length of 30 inches. 

The test set ups is shown in Figure IV-15* (The sea level 
columbium nozzle became available after the completion of the 
stainless steel injector check-out firings). 

The firing data and observations from water flow testing lead 
to oxidizer manifold changes to improve the uniformity of triplet 
element impingement. Improvement was achieved but the impinge- 
ment was still below standard. The Injector was then designated 
AL #1 Mod. A. 

Test data of AL #1 Mod. A with the sea level columbium nozzle 
js shown in Table II. The data indicated that the columbium 
chamber operating goals could be closely approached. The maximum 
"pyroscanner" temperature data will be described in the following 
section. 
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%iozzle ^ 


Test Cell D-^ 
Date: 2/22/7^ to ■ 



N 



^nj. 8693-^73001; S/H 1 
Chamber 8693-^^70021; S/N 1 
Nozzle 8693--'^70016; S/N 1 


® ■▲Nominal =1.64 

▼ Nominal Rq/^ =1.43 
X Nominal Rq/p =1.88 





















ALUMINUM INJECTOR NO. 2 
SEA LEVEL TEST DATA 

TABLE II 


CHECKOUT FIRINGS INJECTOR AL #1 MOD A 


Test 

No. 

Duration 

Sec. 

PSIA 

0/F 


C* 

Ft/Sec 

T 

Max . Pyro 
»F 

4439 

10 

120 

1.64 

9.23 

5439 

2253 

4440 

8 

124 

1.59 

8.49 

5463 

2325 

4441 

15 

123 

1.6l 

8.52 

5476 

2308 

4442 

15 

122 

1.62 

8.49 

5479 

2204 

4443 

30 

124 

1.53 

7.80 

5523 

2280 


Goal 5500 C* @ T„^^ = 2300“F 

max pyroscanner 
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c. Aluminum Injector No. 2 

The lack of desired triplet element Impingement exhibited by 
AL #1 Ifod. A was corrected with AL #2. Inlet manifolding was 
changed as described in the preceding section. The sea level 
test data from the unit is presented in Table III. More 
uniform pyroscanner temperatures were obtained than with A £ 
#1 Mod. A as shown by the agreement between the pyroscanner 
at 9:00 o'clock (S/N 5) and the pyroscanner at 3:00 o'clock 
(S/N 2). The characteristic velocity is essentially equal 
to that of AL #1 Mod. A. An improvement of c* had been 
anticipated based on the improved injector impingement. A 
third pyroscanner was installed for test 4491 as a check on 
pyroscanner repeatability. The Tmax from 10:00 o'clock agreed 
with that at 9:00 o'clock within 4^ or 0 , 2 .%, 

4. Chamber Demonstration Tests, Task V 


a. Test Facility 


The altitude simulation system employed for the 
thrust chamber demonstration tests is located at the Bell Test 
Center. The facility is identified as IBN (Figure IV- 16). 

The IBN facility was constructed for the development of the 
D4 Ascent engine for the Apollo program and was later modified 
and used for the Space Shuttle APS reverse low engine program 
(Contract NAS 3-14353) • The altitude simulation system includes 
a 9 1/2 feet diameter by 24 feet long chamber (Figure IV-17) 
a water cooled diffuser duct, a water spray chamber, a six 
feet diameter vacuum isolation valve, a steam generator and a 
two stage non- condensing steam ejector. A mechanical vacuum 
pump is connected to this system for initial pumping down and 
calibrations prior to firing. The steam source for the ejector 
system is a gas generator which burns 19*3 pounds/second of 
alcohol, and 34.6 pounds/second of liquid oxygen which is quenched 
with 102 pounds/second of water to produce approximately l60 
pounds/second of steam and CO 2 at 300 psig. 

The iBN ejector sub-system Included a center body diffuser 
just downstream of the engine exit to maintain a cell pressure 
of 90»000 feet equivalent altitude while hot firing the 3400 
pound thrust LM Ascent engine for a duration of 600 seconds. 

The thermal load Imposed by that engine exhaust was cooled to 
1000“ F in the water spray chamber by injecting water directly 
in the exhaust gas stream. 

Thermal expansion of the ejector system is achieved by permitting 
all components to roll on tracked casters. Provision is also 
made to retract the entire system approximately two feet by a 
hydraulic cylinder to facilitate service on the test stand inside 
the altitude chamber. 
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TABLE III 

CHECKOUT TESTS INJECTOR AL #2 



* 3rd Pyro at 10:00 - 2288°F 
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The testing of the OME demonstration thrust chamber utilized 
the IBN facility with some modifications and additions. Since 
the centerbody diffuser was specifically designed for the 
engine it was used only as an interconnecting duct. A new 
cylindrical straight diffuser was designed, fabricated, and 
installed to assist in maintaining a vacuum pressure equivalent 
to approximately 100,000 ft. altitude. The 02-H2 plumbing 
from the NAS 3-1^353 program was removed from the altitude 
chamber and the N2O4 and fuel lines were reinstalled. The 
thrust chamber assembly propellant feed system included a 
relatively closely coupled bipropellant valve assembly. The 
line lengths from valve outlet to injector inlet were approxi- 
mately 3 feet long. The valve was an unmodified LM Ascent 
engine, series/parallel redundant assembly. The fuel feed line 
to the injector contained a branch line for the fuel vortex 
film cooling circuit. The film flow rate was adj'usted by 
orifice. The vortex circuit volume was analyzed to provide 
essentially simultaneous inj'ectlon of inj'ector and film coolant 
flow at engine start. The oxidizer feed line from the bipro- 
pellant vaJvewas designed for a nominal 60 ms. oxidizer lead. 

The IBN facility Included one channel of closed circuit tele- 
vision to monitor the thrust chamber aosembly. 

b. Instrumentation and Data Acquisition 
(1) Instrmentation 

Propellant feed pressures and chamber pressures were measured 
with Taber transducers. Model 226 or equivalent. The test 
cell ambient pressure was determined by 3 CEC strain gage trans- 
ducers with a 0-2 psia range. Propellant flow rates were 
measured by redundant Fisher Porter turbine type flowmeters 
which were calibrated in place with water. Thrust measurement 
was obtained by a dual bridge Transducer Incorporated load cell 
mounted in a horizontal flexured thrust stand. The thrust moni- 
toring installation included the capability for remote cell 
calibration at altitude with propellant feed pressure to the 
series/parallel redundant bipropellant valve. Platinum/Platinuim 
Rhodi\jm thermocouples were used for columbium thrust chamber 
outisde surface temperatures. Propellant feed temperatures 
employed Chromel/Alumel thermocouples. Columbium temperatures 
were also obtained for chamber operation without external insula 
tion as described below. 

Thermocouple thrust chamber skin temperatures were augmented 
by data measured by two optical brightness scanning pyrometers 
or pyroscanners stationed on both sides of the chamber. The 
instruments were jwirioly developed by Bell and the Instrument 
Development Laboratories of Attleboro, Massachusetts. Wall or 
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skin temperatures in the range of 1,400°F to 4,000°P can be 
accurately measured. The de.ice uses a unique image plane 
scanner - a rapidly moving endless belt containing small 
aperatures in a geometric pattern. The light energy passes 
throu^ the apertures and a monocromatic filter (6531^) to a 
photomultiplier. Synchronous pulses and internal calibration 
data are Included in each "frame” of data. Each frame consists 
of 10 lines of scanned data and scan rates can be varied. 

Alternate frames or lines can be interlaced similar to a 
television raster. Typically, a field of interest 6 in. long 
by 3 in. high will have a spot resolution of 0.l8 square inches. 
The sample field of interest is converted into a temperature 
matrix 90 x 40 at a frame rate of 15 pictures/second. 

The data generated by the pyroscanner are recorded on the FM 
analog tape recorder system, played back into the High Speed 
Digital Acquisition System (Beckman), and digitized at an 
equivalent rate of 16,000 samples/second per channel. The 
data are then formated by computer programs. Emissivity of 
the radiating body and calibration data are Inputs to the computer 
program. Isotherms, time history plots and/or simple data/time 
tabulations may be obtained as outputs from the computer. 

Calibration and alignment of the pyrometers are performed 
periodically. Pyroscanner calibration is traceable to NBS 
through NBS ribbon filament lamps manufactured by General 
Electric. Lamp brightness as a function of filament current 
is certified as ±5°? between 1900 and 2000°F and ±12°F at 
3900'’F. The accuracy of the pyroscanner is ±50°F (3^> 90^ UCL) . 

Pyroscanner printout data is presented in the following 
subsections. 


2. Accelerometer Automatic Shutdown 

Three Endevco Corp. Model 2273 accelerometers (range to 8 KHz) 
were used in conjunction with Kistler Model 504 electrostatic 
charge amplifiers to measure engine acceleration in three 
mutually perpendicular axes. The accelerometers were employed 
as the primary combustion monitor and were tied into the firing 
circuit to provide automatic shutdown in case of rough combustion. 
Normally, combustion pressure is monitored by a Kistler pressure 
transducer for automatic shutdown. However, the chamber opening 
for the Kistler pick-up would disturb the fuel vortex film on shut- 
down. The acceleration level which was immediate with no delay 
incorporated at the peak value. 

3. Data Acquisition and Accuracy 

The analog transducer signals are digitalized by Beckman systems 
and the digital data stored on magnetic tape. The digital tape 
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data is presented in engineering units with selected derived 
parameters after processing by IBM 360 computers. Turbine 
type flowmeter cyclic data are digitized within the Beckman 
system and processed through the computers. 

Provision was made for direct reading and oscillograph display 
of selected test parameters. 

Table IV gives ohe frequency response and estimated overall 
data accuracy for the instrumentation and recording systems. 

c. Test Results, Stainless Steel Injector 

Twenty-one firing tests were carried out in the IBN facility 
with 30 inch c* columbium chamber and the stainless steel injector 
from 3/22 to 4/30/73- All firing tests provided usable data; 
each operation was characterized by acceptable stability, run and 
shutdown characteristics. There was no indication of low fre- 
quency or high frequency chamber pressure oscillations. The 
data is summarized in Table V. One of the run numbers allocated 
to the series of tests was used for IBN facility checkout and 
three runs were terminated before columbium chamber firing due 
to facility problems r.ot associated with the test hardware. 

Runs 790 through 813 of Table V were conducted without external 
insulation to assess maximum columbium temperature as a function 
of the perc^»ntage of fuel film coolant, chamber pressure and 
overall mixture ratio. Tiie objective of the tests was the 
determination of the specific Impulse which could be achieved 
with a maxlmiJim columbium chamber temperature of 2300”F. The 
2300° F temperature, uninsulated, is equivalent to insulated 
chamber operation at 2400°F maximum. The insulared columbium 
chamber operation definition of 2400°F was established by the 
Task I and II studies. The last test, run 8l4, was carried out 
with external insulation. 

The initial firing runs 790 and 791 indicated temperature 
variations in the throat region. Projections of the temperatures 
to steady state operation indicated unacceptable operation. The 
injector assembly was removed from the stand and water flow tested. 
The assembly of vortex ring and injector showed that part of 
the vortex was back flowing toward the injector face. The rotat- 
ing back flow was stopped at each baffle leg resulting in a 
localized film flow buildup downstream of each leg. The back 
flow condition was not apparent in earlier water flow tests 
which were conducted on the ring and injector subassemblies. 

The localized buildup of film coolant was identified as contrib- 
uting to the lack of throat ten^erature uniformity and lead to 
moulficatlon of the vortex "dam". The vortex cooling dam height 
(Figure IV-9) was reduced and the back flow was largely eliminated. 


* 
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TABLE IV 


INSTRUMENTATION ACCURACY 




Digital 

Recorder 

Oscillograph 



Accuracy 

Frequency 

Response 

Accuracy 

Frequency 

Response 

1 . 

Pressure 

Measurements 

±0.55^ F.S. 

0-20 cps 

± 2 . 86 jg F.S. 

rltor Only)' 
400 cps 

2 . 

Thrust 

+0.7^ F.S. 

0-20 cps 


60-70 cps 

3. 

Plow Measurements 
(For water flow 
calibration) 

+ 1 . 0 jg of 
Reading 


±1.055^ 

200-300 cps 

4. 

Temperature 






Chromel/'Alumel 

Thermocouples 

±0.4jg of 
Reading 


N/A 



Platlnum/Platlnum- 
Rhodlum 10 ^ 
Thermocouples 

±0.255^ of 
Reading 


N/A 



Pyro scanner 

±50“F 


N/A 



FM Tape 


5. 


Accelerometers 


Acceleration 

Frequency Response 

105 ?: 

0-5000 cps 


N/A - Not Applicable 
F.S. - Full Scale 
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13K 
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(i; 

corr 

Psla 
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2.5 

116.3 

791 

2.5 

122.5 

793 

2*5 

121.7 

795 

3.5 

120.9 

796 

4.4 

121.4 

797 

^.2 

122.4 

7 ‘98 

' Farclllty I-ia If unction 

799 

50.4 

121.5 

800 

30.2 

122.1 

801 

30.3 

1£4.3 

802 

30.1 

111.9 

dC3 

Facility >:alfunctlon 

804 

1C. 9 

i23.4 

805 

30.2 

120.2 

806 
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29.9 

118.7 

3‘'S 
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123.2 

309 

4.7 

125. C 
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122.3 
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312 

30.1 

123.5 

813 

29.9 

123.7 

814 

30.1 

122.7 


^/F 

0-A 

( 

C* 

oorr 

Ft/Sec 

> 

1.569 

9.5 

5357 

93.9 

1.635 

10.3 

5312 

93.0 

1.632 

10.0 

5327 

93.3 

1.608 

10,1 

5338 

93.5 

1.612 

10.1 

5338 

93.5 
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10.0 
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10 
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Fire testing was continued with increased duration firings 
approaching theraal equilibrium of the chamber (Runs 793 through 
797) • Firings of 30 and 60 second duration followed including 
operation at low 0/F and low Pj.. Attempts to reduce the vortex 
film coolant down to 9% to raise Igp were not successful; run 
803 was terminated at a run time or 10. 9 seconds because th» 
maximum columbium temperature had exceeded 2300“ F. The laeV of 
circumferential temperature uniformity in the throat region <^as 
evident throughout the tests. Pyroscanner data for runs 799 
and 804 Figures IV- I8, IV- 19 and rV-20 indicate over 400“P 
circumferential variation at the throat plane. The higher 
temperatures were approximately inline with the center of each 
of the 5 injector sectors. Thermocouple data confirmed the 
temperatures ar will be discussed in the following subsection. 
The lack of te:*perature uniformity and the higher than predicted 
film coolant flow limited Igp (corrected to infinite altitude 
and an area ratio of 75:1) approximately 302 seconds. 

The stainless steel injector was modified between runs 8o4 and 
805 to attempt to improve the temperature uniformity at the 
throat. Two oxidizer orifices verc plugged in each of the 5 
sectors near the sector centerline. 

The modification was based on the original "pressure map’’ of 
the injector, and the apparent need to reduce the combustion 
gas generation on the sector centerline. The modification could 
also be made in a short period of time. While the pl\igging of 
the orifices was anti. ipated to improve the throat temperature 
uniformity it was also recognized that that benefit would be 
accompanied by a reduction of the combustion efficiency of the 
remainder of the elements. 

Tests 805 through 8l3 (Table V) evaluated operation with the 
modified stainless steel injector. Far more consistent tempera- 
tures were achieved allowing operation at reduced vortex film 
cooling. 


d. Test Results, Aluminum Injector #1 

The next series of twenty-three tests were performed on the 
columbium chamber using the aluminiJim flat face injector. The 
features of this injector system were the bulltin acoustic 
combustion stability dampers, and a fuel vortex film coolant 
ring. 

Majority of the tests were of 20 seconds duration with the 
chamber radiation cooled. Two tests were of longer duration, 

30 and fO seconds, and with the chamber insulated. During the 
uninsulated testing the chamber 1 temperatures were measured 
pyroscanner /hile the wall tem^jeratures were measured with 
thermocouples only during the insulated tes s. Satis- 
factory test results were obtained dur^ ’ les, including 
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FIGURE IV- 19 
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FIGURE IV-20 
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stable operation, acceptable start and shutdown transients, 
and an increase in performance over the stainless steel 5 leg 
baffle injector S/N 1 at approximately the same chamber wall 
temperature. A projected full area ratio nozzle performance 
of 310 seconds specific impulse was found to be representative 
for this injector in a columbium engine with a 75 to 1 area 
ratio nozzle. Improvements of local injector impingement 
anomalies were also considered to be an area for improvement. 
Where performance values for a similar, but improved manifold 
injector should exceed the 310 second Isp* "nie peri'ormance 
data obtained in this series are provided in T'jble VT. 


Test Hardware 


A Photograph of the thrust chamber assembl.'' is shown in Figure 
IV-21. i*he 30 L* (8693-^70006-1) coliunbiuin chamber is the same 
chamber previously tested with the stainless steel, 5 leg baffle 
injector. This chamber is fabricated from columbium C-IO3 
material and coated with a silicide HiTemco 512E coating. The 
alxaminum injector #1 mod A was fabricated from aluminum and 
utilizes triplet combustion elements. A removable stainless 
steel acoustic ring is used on the Injector periphery to provide 
high frequency stability. This acoustic ring consists of twelve 
(12) acoustic slots (or cavities) with eight (8) slots designed 
for the third tangential/first radial mode. Further detail of 
this design is shown in Figure IV-22. The vortex ring is fab^'i- 
cated from stainless steel and is similar to the vortex ring 
used for testing the stainless steel injector S/N 1. 

Test Results 


The initial portion of this test series was conducted with the 
hardware uninsulated (Run Numbers 815 to 826) followed by two 
insulated tests (Run Numbers 827 and 828). 

Results of these tests revealed achievement of the predicted 
310 seconds specific Impulse, but with wall temperatures at 
least 100®F above the desired level. Thermocouple temperature 
time histories are given for the 60 second duration insulated 
test in Figures IV-23 and IV-24. As listed in Table IX and 
shown in Figure IV-24 the maximum throat temperature measured 
was 2511“P, exceeding the goal of 2400“F. During the assembly 
of the hardware prior to this series a slight step was noted at 
the interface between the vortex ring and the chamber wall. 
Previous experience with both water flow and fire tests has 
shown that the vortex film can be affected by such a step. This 
is only true where the misalignment is an abrupt "step up" (flow 
must rise over a step). Interface discontinuities consisting of 
a "step down" (smaller diameter to larger diameter) have not 
appeared to cause any disturbance to the film flow characteris- 
tics. An effective temporary rework can be made by "filling" 
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TEST DATA SUMMARY - 
ALUMINUM No. 1 MOD A INJECTOR 



COMMENT: ^"*^^** BETWEEN VORTEX RING AND CHAMBER WALL 

NOTES: 0 Pc INJECTOR X 0.981 CORRECTION 

0 PYROSCANNER MAXIMUM TEMPERATURE 
0 THERMOCOUPLE 


TABLE VI 
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TEST DATA SUMMARY - 
ALUMINUM No. 1 MOD A INJECTOR ( CON’T ) 


TEST NO. 

DURATION 

SEC 

Pc 

PSIA 

O/F 

p% 

e » 75:1 

c* © 
FT/SEC 



829 

20 

111 

1.42 

8.5 

307.4 

5469 

1.810 

2175 

830 

20 

137 

1.47 

8.5 

310.0 

5474 

1.824 

2172 

831 

20 

112 

1.66 

7.8 

308.9 

5451 

1.825 

2302 

832 

20 

134 

1.65 

7.9 

309.9 

5457 

1.829 

2257 

833 

20 

122 

1.68 

7.8 

309.6 

5453 

1.828 

2291 

835 

20 

114 

1.76 

7.5 

308.7 

1 

5433 

1.829 

2434 

836 

20 

136 

1.75 

7.6 

310.1 

5444 

1.834 

2356 

837 

20 

135 

1.49 

8.4 

310.1 

5466 

1.827 

2271 

838 

20 

123 

1.77 i 

7.5 

309.4 

5434 1 

1.833 

2396 

839 

20 

124 

1.45 

8.5 ^ 

308.9 

5464 

1.821 

2223 


NOTES: TEST 834 FACI LITY MALFUNCTION 

0 Pp INJECTOR X 0.981 CORRECTION 
0 PYROSCANNER MAXIMUM TEMPERATURE 
@ THERMOCOUPLE 


TABLE VI 
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THERMOCOUPLE TEMPERATURE 
TIME HISTORY INSULATED TEST NO. 828 
ALUMINUM INJECTOR NO. 1 MOD A 
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THERJVIOCOUPLE TEMPERATURE 
TIME HISTORY INSULATED TEST NO. 828 
ALUMINUM INJECTOR NO. 1 MOD A 


TEMPERATURE ®F 



FIGURE IV- 24 
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the step with a high temperature ceramic cement producing a 
smooth flow surface for the film. This ceramic cement pro- 
cedure was used on the chamber* prior to run 829 to provide a 
smoother transition surface. 

Following this rework additional tests were conducted in the 
radiation cooled condition (Run Numbers 829 to 839) • The 
rework to smooth the chaunber internal surface resulted in no 
performance variation (Figure IV-25), but maximum wall tempera- 
tures were reduced by more than 100*F, as given in Figure 
IV-26. The longitudinal temperature distribution was adjusted 
due tc the smooth chamber wall for the 60 second insulated test 
using a predicted 2400°F gas temperature. A comparison of the 
actual temperature data obtained as tested with the "step up" 
condition versus the predicted insulated condition if the engine 
were tested with a smooth interface is provided in Figure IV-27. 
Note-the approximate 100°F reduction is effective from the con- 
vergent nozzle downstream. 

Regression analyses were completed for these tests on the 
aluminum inj'ector as listed in Figure IV-28. Low maximum 
residuals exist for c*, Cf and maximum temperature (Pyroscanner) . 
A plot of wall temperature versus overall (total) mixture ratio 
using the regression analysis equation is shown in Figure IV-29- 
A performance/temperature map utilizing the tests with the 
smooth chamber wall (Run Numbers 829 to 839) is provided in 
Figure IV-30. The predicted maximum wall temperature in the 
insulated condition versus the vortex cooling parameter is shown 
in Figiire IV-31 same tests. This figure also shows the compari- 
son to the data during (Task I ai.J II) predicted value for heat 
rej'ection. 


Data Comparison for Aluminum and Stainless Steel 
Injectors 


A data comparison was made using the results of testing the 
unmodified and modified stainless steel injectors and the 
modified alumimun injector. A comparison of the representative 
uninsulated temperature data and performance is shown in 
Figure IV-32. The specific imnulse displayed is again based on 
combustion efficiency and the performance expected from a 75 to 
1 area ratio nozzle. Since the original unofficial performance 
objective of these tasks was to obtain 310 seconds specific 
impulse, it would appear this objective is net only feasible 
but should be obtained with reasonable development expenditures. 
The ability to obtain this performance is oven more notabl(; 
with considering, that th" injector, can bo improvo'd by krioun 
design changes. 





SPECIFIC IMPULSE 
ALUMINUM INJECTOR MOD A 
RUNS 816 > 839 



MIXTURE RATIO, TOTAL 


FIGURE lV-25 


Bell Aerospace 




MAXIMUM TEMPERATURE ALUMINUM 
INJECTOR MOD A RUNS 816 - 839 
( FIXED VORTEX FLOW ORIFICE ) 


(FIXED VORTEX FLOW ORIFICE) 


RUNS 816 • 826 PYROSCANNER RUNS 829 - 839 PYROSCANNER 

827 and 828 INSULATED, THERMOCOUPLE (STEP BETWEEN VORTEX RING 

8i CHAMBER WALL CORRECTCD) 



MIXTURE RATIO. TOTAL 
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LONGITUDINAL TEMPERATURE DISTRIBUTION 

INSULATED TEST No. 828 
60 SEC. DATA 


7,8,9 ^/-14, 15, 16 
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DATA REGRESSION ANALYSES 
ALUMINUM INJECTOR MOD A 


c« ONJECTOR Pg, CORE) » 4919.7 + 0.23 + 812.7 - 230.5 - 2317,9 p ( RUNS 816 -839) 

WHERE = CORE 0/F = 

c 1-p-rgP 

Tq = TOTAL O/F 
p = % VORTEX FLOW 

MAXIMUM RESIDUALS, 4- 21 FT/SEC 

-7 FT/SEC 


Cp^. (€»75.1) » 1.72606 + 0.03742 + 0.00033 Pg (RUNS 816-839) 

MAXIMUM RESIDUALS, 0.00531 


- 0.0059 


J 


0.3% 


Tmax (’’Y'^O^ANNER) » 3991.7 - 21445.8 p (RUNS 829 -839) 

MAXIMUM RESIDUALS. 57° F 

- 47° F 


FIGURE V-5 
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MAXIMUM WALL TEMPERATURE 
RADIATION COOLED AND INSULATED 


WALL 

TEMPERATURE 

‘’F 



1.4 1.5 1.6 1.7 1.8 


MIXTURE RATIO, TOTAL 

FIGURE IV- 2 9 
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COLUMBIUM THRUST CHAMBER 
PERFORMANCE - TEMPERATURE MAP 

ALUMINUM INJECTOR TESTS 829 TO 839 
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DEMONSTRATION TEST DATA SUMMARY 


rv) 


INJECTOR 

REPRESENTATIVE UNINSULATED 
TEMPERATURE DATA 

NOMINAL 

OPERATION 

n 

16( 

10 181 

I 

1 

)0 2000 22( 

1 

0 24 

)0 

P 

•sp“ 
SEC 
€ - 76 

SS NO. 1 


MINIMUM /^AVERAGE ^MAXIMUM 


10.0 

303 



(TEST 

N0^9») 

Eh— a 



SS NO. 1 MOD A 





- - - - ^ 


7.7 

305 

ki/ "\e“ 

(8 

— 

BP 

12) 

"■ 

AL NO. 1 MOD A 


L 


Oi 



• 

i 

1 

1 

7.9 

310 

^ 

(818) 

^ ^ (833) • 

1 



PYRO SCANNER 


Q--"-Oh— « THERMOCOUPLE 
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D, Demonstration Testing (Task VIII) 

1. Chamber Demonstration Tests - Alxomlnum Injector #2 

a. Test Results - Effect of L* and A50 Fuel 

Testing to define the effect of L* on performance was accomplished 
after the availability of the second alxomimxm Injector (See Task 
XI). Along with the L* (combustor length) evaluation, the effect 
on heat rejection of reducing the amount of vortex barrier, and 
the comparison of performance between MMH and A50 fuels were 
also tested with this injector. The method of obtaining these 
variables included the film coolant reduction by reducing the 
flow through the separate vortex manifold. The L* (combustor) 
variation was accomplished by using a shorter (alternate) 
columbium chamber for the 26 L* testing and a stainless chamber 
insert for the 3^ L* testing. The A50 fuel tests were made so 
as to allow a direct comparison with MMH using both 3^ and 30 
L* chambers. The data accumulated during this testing is assembled 
in Table VII. 

b. The Effect of Varying L* Using MMH Fuel 


In order to establish the best estimate of engine performance 
as a function of the design and operating parameters, Rq. P , 

L* and P^., of the three L* configurations (26 , 30 and 34)', the 
performance data accumulated from all the tests, 84l through 
o69j on the columbirun thrust chamber were subjected to statistical 
evaluation. Short duration firings were not considered and 
standard regression analysis techniques were employed. 

Results indicated a linear trend in Ispon (€"^5:1) witn^ , 

L* and P(>. The mixture ratio, Rq, depe^ence was non-linear 
requiring higher order terms in the regression fit. The 
significance of each influence. Including nonlinearities in 
parameters, was tested statistically. 

All performance data were normalized to a f of Q% to provide 
a common reference for performance comparison of the three L* 
configurations. A plot of Isp^Q with mixture ratio for the 

three L* configurations is shown in Figure IV-33* A high 
degree of consistency was achieved with maximiun deviations 
between best fit and experimental results of less than ± 0 . 25 ^. 

A comparison of maximum temperatures in the columbium chamber 
at 30 L* is also included as Figure IV- 34. 


I 

i 

\ 

\ 

j 

f 


s } 
1 




IV- 5 3 



TABLE VII 

TEST DATA sm^iABY ■ ALOMIWUM MO, 2 INJECTOR 


TEST NO, 

DURATIOH 

(SEC) 

Fc 

'"corr 

(PSIA) 

0/F 

e 

^c» 

e-75sl 

i.p 

«-75il 

iT" 

c» 

(PT/SEC) 


^ 

^KAX. 

(*?) 

t* 

(IM.) 

■ 

PRO FELL ANTS 

5A1 

2.0 

122,9 

1,623 

7.99 

)8.2 

307.1 

- 

5937 

1.819 

MA 

30 

NgO^/tWH 

81i2 

8.1 

120.8 

1.560 

8.08 

96.6 

311.3 

311.2 

5509 

1.820 

2*53 

30 

N 2 O 4 /NMH 

6A3 

19.8 

122.0 

1.657 

7.93 

95.8 

310.3 

310.0 

5971 

1.827 

2*10 

30 

N204/)M1 

SUl , 

9.9 

121.6 

1.481 

8.60 

98.1 

310.1 

310.6 

5513 

1.811 

25*6 

30 


8^5 

13.0 

121. 

1.460 

8.58 

96.9 

310.2 

310.7 

5503 

1.815 

2692 

30 


8A6 

20.0 

121.3 

1.800 

7.50 

95.2 

309.3 

308.5 

5420 

1.835 

2271 

30 

M20u/»m 

SL -' 

2.0 

125.8 

1.688 

7.99 

95.9 

306.5 

- 

5*52 

1.810 

NA 

26 

N20A/MKH 

848 

20.1 

121.8 

1.619 

8.03 

95.9 

3 5.2 

308.0 

5997 

1.822 

1993 

26 


849 

20.0 

121.4 

1 • 44^ 

8,61 

96.1 

307,2 

307.7 

5*55 

1,819 

NA 

26 

XgOji/MtH 

85 ^ 

20.0 

123.7 

1.591 

7.01 

96.3 

309.7 

308.9 

5 * 99 ® 

1.813 0 

2223 

26 

NgOii/Mffi 

S51 

20,0 

123.9 

I.4o8 

7.59 

97.2 

308.8 

308.1 

5509 ® 

1.306 ® 

2175 

26 

M 2 O 4 /MH 

332 

20.0 

121.7 

1.648 

6.80 

95.5 

310.0 

308.9 

5 * 57 ® 

1.829 ® 

2339 

26 

*g<3nAKt 

S53 

20.0 

121.9 

1.983 

7.26 

96.1 

309.6 

308.6 

5*65® 

1.829 ® 

2293 

26 

ti20uAom 

88 - 

20.1 

124.0 

1.642 

6,81 

96.3 

310.0 

308.5 

5 * 98 ® 

1.816 ® 

2396 

26 

NaOit/MKH 

885 

5.0 

122.3 

1.672 

8.96 

95.6 

309.7 

- 

5*61 

1.826 

1798 

34 

N 204 /MH 

680 

19.8 

120.8 

1.661 

8.99 

96.1 

311.5 

312.4 

5*88 

1.826 

2617 

34 

NgOA/tett 

857 

20.1 

122.6 

1.659 

7.96 

96.5 

312.8 

312,5 

p515 

1.827 

2606 

34 

HgOij/WiB 

856 

20.1 

122.4 

1.655 

7.98 

96.6 

313.0 

312.8 

5517 

1.827 

2630 

34 

NfiOA/MMH 

859 

4.9 

124.4 

1.629 

8,08 

95.8 

310,0 

- 

5*85 

1.820 

1620 

30 

N 2 O 4 /A- 5 O 

860 

20.0 

121,8 

1.635 

8.02 

95.9 

310.5 

310.6 

5999 

1.821 

2268 

30 

»g0n/A‘50 

861 

yiALFUNCTION 









30 

* 204 / 9-50 

882 

20.1 

124.1 

1.573 

7.09 

96.7 

313.1 

311.4 

55*0 

1.820 

2918 

30 

* 204 / 9-50 

663 

19.8 

122.7 

1.628 

6.82 

96.9 

312.5 

310.3 

352* 

1.822 

2966 

30 

Jl20j,/A-50 

864 

19.8 

121.9 

1.639 

9.06 

95.9 

309.3 

311.3 

5*63 

1.823 

2255 

34 

* 204 / 9-50 

S65 

MALFUNCTION 









34 

* 204 / 9-50 

866 

20.0 

123.3 

1.539 

8.17 

96.0 

312.9 

313.2 

5509 

1.821 

2951 

34 

* 304 / 9-50 

S'""’ 

20,0 

129.5 

1.389 

8.87 

97.1 

313.9 

315.7 

55*3 

1.823 


34 

* 304 / 9-50 

368 

19.7 

122.4 

1.617 

6.96 

96.8 

313.5 

312.1 

5526 

1.827 


34 

* 204 /^»« 

8-9 

20.1 



122,0 

1.686 

6.67 

96.7 

313.8 

312.1 

5526 

1.828 


34 

Usfiii/Km 


® Pc Injector x 0,981 correction 

© p>*ro scanner maxlmutn temperature 

Texperature for throat area based on pyroacanners 
O I.’or'^allzed to p film cooling 
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SPECIFIC IMPULSE VS MIXTURE RATIO 
ALUMltJUM INJECTOR NO. 30L*. 

CHAMBER RUNS «41-85{r.'"86’8T' SSq 


®Poo 


N 


=75:1 


Igp CORRECTED TO VACUUM OPERATION 

AND AREA RATIO 75:1 AND NORMALIZED 
TO 8^ ^ FILM COOLING 

NgO^j/MMH PROPELLANTS 



MIXTURE RATIO, TOTAL 


FIGURE V-8 
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c. The Effect on Performance of Varying ^ 

A series of tests were made varying^ (film coolant percent 
of total propellants) at a constant 26 L*. These results are 
given graphically in Figure IV-35. The data presented approxi- 
mates only two points and because of this scarcity of data, 
subsequent speculation related to design was not attempted. 
However, in the test region the results appear to prodxice a 
two second performance decrease, as a increase in film 
coolant is injected. 

d. Effect of ^ on Nozzle Temperatures 

The data obtained with 30 and 26 L* chambers relating the 
effect of changing the amount of film cooling ( ^ ) on the 
maximum chamber temperature is shown in Figures ' IV- 36 and IV- 37* 
The data plotted in both curves is as recorded although the 
shape of the curves shown in Figure IV-36 present some diffi- 
culty in interpretation and understanding. The 26 L* data 
appears straight forward and believable. However, the 30 L* 
and 3^ L* data appear to be repressed in the expected effect 
of increasing the fuel flow. 

The reason for this seeming reversal in effect of 30 and 3^ L* 
fuel film effect has been examined both with respect to data 
accuracy and to possible causes. To date, it remains that the 
data accuracy is considered acceptable and the possible cause 
is unknown. The most reasonable explanation would appear that 
an "unknown" effect of mixing between the fuel film and the 
primary combustion was changing as the film coolant quantity 
changed and the resulting maximum temperature, at the throat, 
was as shown. Subsequent test data using the same instrumenta- 
tion produced predicted results lending credence to the accuracy 
of the information. 

A series of seven tests were conducted substituting A50 for the 
fuel. The objective of the tests was to provide data on the 
performance level and columbium chamber temperatures which 
would be expected of A50 were substituted for MMH as the fuel. 

Tests 859 through 863 were performed with M20^A50 propellants 
in the 30 L* chamber, and tests 86^ through 867 in the 3^ L* 
chamber. The 30 L* tests covered/^ values from 6.82;^ to 8.02^ 
and the 3^ L* tests covered ^ values from 8.17;^ to 9.06%. 

Performance in the 30 L* chamber was almost similar to that 
with N20^/MMH propellants, specific ‘.mpulse of 310 seconds 
versus 310.4 seconds, at rated ratio of 1.64. 

These data were also subjected to statistical evaluation and 
normalized to a ^ of S% to provide a direct comparison to the 
N20^|/MMH propellant data. A plot of IspQj with mixture ratio 


TV--: 
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SPECIFIC IMPULSE VS MIXTURE RATIO 
ALUMINUM INJECTOR NO. 2 - 26L* CHAMBER 

RUNS 847-854 

Igp CORRECTED TO VACUUM OPERATION 
AND AREA RATIO 75:1 



1.3 1.4 1.5 1.6 1.7 

MIXTURE RATIO, TOTAL 
FIGURE V-10 
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MAyiMTIM PYROSCANNER TEMPERATtmE 

YL 

PERCENT VORTEX FLOW 

ALUMINUM INJECTOR NO. 2 - 30L*, 3^L* 
RUNS 841-846, 855 - 858 , 868, 869 
NgO^^/MMH PROPELLANTS 


A L* - 3^ 

□ L* = 30 



f ^ 

\T* * 

FIGURE V-11 


IV-'3.' 




Bell Aerospace Company 


j 


MXimM^EYEQSCAMMEB TEMPERATURE 
PERCENT VORTKX FLOW 

ALUMINUM INJECTOR NO. 2 - 26u* CHAMBER 
RUNS 847-85^ 



FIGURE V-12 
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is shown in Figure IV-38* 

Wall temperatures in both cases followed a similar pattern to 
the 26 L* N2O4/MMH tests, decreasing with but opposite to 
the 30 L* and 3^ L* N204>-'MMH tests where wall temperature 
increased with^^. The 2400 '’F design value was obtained at 
approximately 7-1/^/^ in the 30 L* chamber, with a corresponding 
performance of approximately 312 seconds specific impulse. The 
2400” F value 'as obtained at 3.3/S/^ in the 34 L* chamber, with 
a '-orrespondi ■ cpecific Impulse of approximate!.’ 31I seconds. 
The temperat^j aata for both configurations are plotted in 
Figure IV -39- 

The conclusion drawn from this testing was that the two fuels, 
A50 and MMH, are nearly interchangeable. Some adjustment in 
the amount of film coolant ' ^uld be required to adj'ust wall 
temperatures, out '..he basic hardware 'would appear, on this 
cursory evaluation, to be readily usable for either proT^ellant. 

e. Conclusions From Testing 


The extensive testing, conducted the columbi’jm thrust chamber 
during the Task V and VIII effort proved that the operation 
of the coliimblum chamber was not only a viable concept but that 
operation could be predicted and adj'usted to meet the design, 
operation and margin requirements of the engine. The fabrication 
of this engine was simple in comparison to most other contemporary 
concepts of reusable rocket thrust chambers. The simple use of 
a spun metal shell, coated and insulated far simplifies comparable 
multi-channel or multi-layer concepts of regenerative or ablative 
cooled units. However, with other non-perfect systems, a slight 
penalty w-^uld be paid with usage and this penalty would be in 
an inc:: jased wall coolant, and consequent performance, reduction 
to pay for the simplicity and low cost usage of the concept. 

With the achievement of 310 seconds in the current design, the 
performance penalty would be expected to be approximately 1 1/2$^ 
as compared to a regeneratively cooled thrust chamber. It is 
possible that this penalty could be reduced with further defini- 
tion of coati ig capability or cycle reduction or metal improve- 
ment. However, at the present time it would appear that the 
current insula'^.ed columbium engine design would be limited to 
the materials and coatings currently being used. 
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MAXIMUM PYROSCANNER TEMPERATURE 

YS. 

PERCENT VORTEX FLOW 

ALUMINUM INJECTOR NO. 2 - 30 L*, 3 ^L* CHA^©ER 

RUNS 859 - 867 

PROPELLANTS 


A L* = 3 ^ 
0 L* = 30 



f ^ 

FIGURE V-IA 
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TASK VII - HEAT TRANSFER TESTING 


It has been known for years that propellant additives can be 
used to decrease the heat rejection to a combustion chamber 
wall. Bell experiments with amine fuels dates back the 
50 *s and early 60's where medium chamber pressure (500 psia) 
operation was demonstrated but this additive coolant was not 
required. Ttie demonstration was to add silicon oil (SO) in 
small quantities to the UDMH or MMH and the resultant oxidized 
precipitants have been theorized to coat the combustor wall 
presenting a thermal resistant surface to heat flux. Consistant 
heat rejection reductions of from 30 to k0% have been measured 
and one system has recently been made operational. 

Since a similar thermal reduction would also provide margins 
for a low pressure engine such as the Space Shuttle, interest 
into heat transfer specifics at lower chamber pressure were 
generated within the scope of the OME program. Prior to this 
investigation, there was no awareness of information generated 
on the heat transfer characteristics and the possibility of 
cooling passage precipitants related to this lower chamber 
pressure operation. 

The objective of the heated tube heat transfer test program 
was to determine, in an exploratory fashion, the effect of 
silicon additive to MMH and to 50-50. The results of this 
program were intended to support the Space Shuttle OME Technology 
Program. The program was conducted with and without silicon 
additive in both Hastelloy X and CRES 3^7 stainless steel, 1/8" 
O.D. tubes, with nominal velocities of 30 ft/sec., and 200 to 
250 psia pressure. Generally, the tests were conducted by 
cycling up to and beyond the onset of nucleate boiling two or 
three times and then proceeding to the point of peak nucleate 
boiling with the associated tube burn out. Seven tubes were 
utilized, each of which were destroyed at the culmination of a 
test series. There were 25 heat-up and I 8 cool-down half 
cycles. One tube was subjected to a 67 minute durability test 
consisting of 6 cycles each of which had about 6 minutes at 
temperature, 3 minutes to heat up, and 2 minutes to cool down. 

Generally, the MMH with additive behaved the same as the clean 
MMH, a peak nucleate boiling point of between 5.0 and 5.3 
Bt'Ji/in^ sec., with the cnset of nucleate boiling occurring at 
2.0 to 2.3 Btu/ln2 sec., the heat transfer coefficient in the 
forced convection region was between .007 and .009 Btu/ln^ 
sec. °P. The long duration run seemed only to have the effect 
of raising the wall temperature somewhat but the peak nucleate 
boiling heat flux was unaltered. This probably means that an 
insulating film was deposited on the inside wall that reduced 
the effective film coefficient very slightly. 
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The 50-50 had a slightly higher peak nucleate boiling, and 
the additive seemed to raise it a small amount, 5*64 and 
6.17 Btu/in^ sec., respectively, the onset of nucleate boiling 
waa at 2.5 and 2.8 Btu/in^ sec., and there was no difference 
in the forced convection film coe “icient. *Ihe wall tempera- 
ture in the nucleate boiling regime as a result was about 35“ P 
hi^er with additive. 

One particularly noteworthy finding, was that the onset of 
nucleate boiling appeared to take place at a lower temperature 
than the saturation temperature as indicated by the literature 
for MMH vapor pressure-temperature functionality for clean MMH 
with no and limited cycles. It is possible that film deposit 
disallov'v*d decomposition of MMH that may have happened with a 
new tube. 

A. Test rlan 

The objective of this task was to determine the effects of 
certaiin variables on fuel blend heat transfer characteristics 
using resistance heated circular tubes. The program was to 
consist of cyclic heating of approximately seven tubes. 

Because of the limited scope, the program was intended to be 
exploratory in nature. Initially, it was considered desirable 
to do the test using CRES 34?> however, due to a lack of avail- 
able tubing a substitution of Hastelloy X was proposed, and 
was deemed acceptable. Two check cases were planned using 
steel and Hastelloy X with similar test conditions to further 
ascertain what this investigator had found on a previous program, 
that the choice of material was not significant. 

The test specimens were to be subjected to cyclic heating to 
ascertain whether changes to the heat transfer characteristics 
did occur. Also, MMH and 50-50 were to be compared with each 
other and with additives that have been used to substantially 
reduce the gas side heat fluxes on other technology programs 
that have been conducted by this contractor. 

Finally, a durability at temperature with repeated cycles was 
planned for MMH with one percent additive — Hexamethyldisilazine . 
The detailed test program as it was actually conducted is 
tabulated in the test results section. 

B. Test Specimens 

Each test specimen was constructed from a 10.7 inch section of 
either CRES 3473 stainless steel or Hastelloy X seamed tubing. 

The nominal outside diameter of the tubes was 1/8 inch. The 
actual outside diameter varied between 0.1258 and 0.1265 inches. 
The wall thickness was 0.0149 ± 0.004, and 0.015 ± 0.002 inches 
for the stainless and Hastelloy X tubes, respectively. 
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The 10.7 Inch section allowed six Inches for the heated section, 
four Inches for the two electrodes, and 0.7 Inches for attach- 
ments to the upstream and downstream adapter fittings. 

TVo predrilled copper sleeves were silver brazed onto the test 
specimens. TSils allowed for the attachment of large copper 
bus-bar clamps for electrical power Input. Because of the very 
small resistance associated with this bus-bar clamp arrangement, 
almost all the resistance and thus tenqperature rise occurred in 
the six inch test section. 

*Die heated length of six Inches was selected because It provided 
sufficient electrical resistance to generate a heat flux well 
beyond the expected maximum burnout heat flux, and It was a 
convenient length with enough room to attach five surface thermo- 
couples. Bie overall length of 10. 7 inches was selected because 
it provided sufficient upstream len^h to establish turbulent 
flow before the heated portion of the test specimen. 

The surface ten^erature thermocouples were made by •. ightly 
twisting number 28 gauge chrome 1-alumel wire together and 
forming a junction bead by arc welding. The thermocouple function 
bead was made as small a 1 as smooth as possible and then turned 
to the inside as shown in Figure V-1. 

The surface temperature thermocouples were electrically insulated 
from the tube surface by an initial uniform ceramic coating 
of aluminum oxide which was 0.005 ± .001 inch thick, see Figure 
V-2. After the initial 0.005 inch ceramic coating was applied, 
the outer- insulation of each thermocouple lead was pushed back 
to allow slipping the bead over the test specimen and onto the 
tube surface. The outer insulation was pulled down and a recheck 
made of each thermocouple bead to assure contact to the initial 
coating. 

A second coatinp; cl Rokide "A”, approximately 0.030 inches 
thick, was then a^j-lied over the entire length of test section 
of the tube to securely fasten the surface thermocouples. 

C. Test Apparatus 

Power was provided by four 28 volt VDC-750 ampere, compound- 
would Hobart motor generators. These units were connected in an 
equalizer bus connection in the positive leg, which tied their 
series fields in parallel. 

A contactor rated at 1000 amps d.c., complete with arc chute and 
blowout coil was installed in the negative leg of each machine, 
so that it could be switched on-line individually. The field 
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of each generator was separately excited by a 0-72 vdc supply, 
resulting in a saturation no-load terminal voltage of 50 vdc. 

Generator bus bars and cable were sized for 1000 amps per 
machine. The entire system was wired for a capacity of 4000 
amps. 

When the tube failed the current ceased and the generators were 
shut down, the upstream and downstream propellant valves were 
closed and a CO2 fire extinguishing system was automatically 
turn on. In all cases, the termination of the test was well 
controlled with no test stand damage. 

The heat up-cool down cycles to approximately 705^ of peak 
nucleate boiling was accomplished by increasing the power input 
in steps allowing the amperage and skin temperatures to stabilize 
before proceeding to the next step. After the power was shut- 
off, the liquid flow in the tube was shut off. 

The power source characteristics map shown in Figure V-3 was 
constructed to depict the voltage and current values expected 
for each tube material. It can be seen that Hastelloy X has a 
considerably higher electrical resistance than stainless. 
Superimposed on the map are lines of constant heat flux covering 
the heat flux range for the fuels tested. 

D. Propellant Supply System 

The propellant supply system is shown schematically in Figure V-4. 

The supply tank and receiver tank each have a capacity of 100 
gallons and can be pressurized to 1200 psia. For this program 
the supply tank contained 55 gallons of propellant which allowed 
for test duration of up to 80 minutes for an 1/8 inch tube at 
30 feet per second. Both the supply and receiver tanks were 
pressurize*.: with a regulated gaseous nitrogen source to obtain 
the requiri^d TO ) to 250 psia operating pressure at the test 
specim^r . 

The prop j.i.lar-t s were conditioned to the required inlet tempera- 
tures of 50 F hy a system consisting primarily of a circulation 
pump, and a steam he.at exchanger. The system is a closed loop 
system, circvlating she propellant from the supply tank only, 
and can provide uniform propellant temperatures over the entire 
range of 30” to 200®F. The propellant was conditioned to the 
desired tempe’^ature prior to the start of each test, and during 
the test, the propellant conditioning system was isolated from 
the supply tank. 

A 1/2 inch diameter line carried the propellant to the test 
section. Plow was controlled by two parallel valves (one for 
coarse adjustments, and one for fine adjustments) which were 
located downstream of the test section. The test section could 
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be isolated from the supply and receiver system by upstream 
and downstream pneumatic operated valves. Under normal 
operating conditions, flow through the test specimen was remotely 
controlled by these valves, see Fi^re V-5; however whenever 
a rapid drop in pressure occurred (as is the case at tube 
destruction), a pressure switch automatically closed these valves 
isolating the test section (Figure V-6 and V-7) . 

The test specimen was simultaneously deluged with CO2 from a 
nozzle located directly over the test specimens to preclude 
fire damage. The receiver tank was vented to sea level atmos- 
pheric conditions during all testing. Whenever necessary, he 
system back pressure was regulated by a remote controlled valve. 

E. Test Instnjimentatlon 

The standard instrumentation set-up provided the capability of 
recording propellant flowrate, supply and receiver tank pressures, 
inlet and outlet pressure and temperature at the test specimen, 
surface temperatures at pre-determined points on the test 
specimen, and the current flow and voltage drop across the test 
specimen. 

Pressure measurements were made with Taber Teledyne psia trans- 
ducers and Statham psid transducers. The transducers used to 
measure the inlet and outlet pressures were electrically Isolated 
from the heated test section by special insulation blocks. The 
demonstrated measurement uncertainty for this type of transducer 
is ± 0 , 7 ^ (three sigma) of nominal output. 

Propellant temperatures were measured using Conax probe type 
chromel-alumel ungrounded thermocouples. The thermocouples are 
imbedded in a mineral insulated and protected from the propel- 
lants by a stainless steel sheath. The demonstrated measurement 
uncertainty for these thermocouple probes is ±2.0"F of nominal 
temperature. 

Surface temperatures of the test tubes were measured with 
thermocouples made at Bell from nijimber 28 gauge chromel-alumel 
wire with an asbestos/glass fiber insulation. The accuracy of 
these thermocouples is rated at ±4.0°F up to 530°F, and ±0.75?^ 
from 530 °F to 1400°F. 

All of the thermocouples, four propellant temperatures, and 
five surface temperatures, were referenced to 150° F using a 
Pace Reference Junction. 

The power delivered to the test section was determined by 
measuring the current flowing in the circuit and the total 
voltage drop across the heated section of the tube. Current 
was measured with a shunt calibrated to generate 50 mv at 
2000 amps. Voltage was measured directly across the test 
section by wires attached to the bus-bars. The measured 
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voltage was divided by a calibrated circuit to obtain a 
flllllvolt output . 

Redundant Pischer-Porter turbine-type flowmeters were used to 
measure propellant flowrates. Prior to the initiation of the 
test program the flowmeters and their Installation line was 
calibrated as a unit in water. At least two calibrations* 
over the expected region of operation, were conducted on the 
flowmeter set emd an average sensitivity derived for test data 
reduction. 

The measurement uncertainty associated with the type of flow- 
meters used for the test program has been demonstrated to be 
approximately ± 1 . 05 l{. 

The millivolt outputs of the transducers and the current 
level and voltage drop across the test specimen were patched 
to signal conditioners and recorded on a Brush Recorder, with 
an accuracy of ±35^ of full scale; a CEC Oscillograph, with an 
accuracy of less than ±5J^ over the range of the galvanometer 
used; and on a Beckman Model 210 Data Acquisition System, with 
6ui accuracy of ±0.1JI? for 20 millivolt full scale input. 

The Beckman 210 Data Acquisition System converts the conaitioned 
millivolt outputs of the various transducers and measuring 
devices to a digital data bit, and records the data on magnetic 
tape in a format suitable for data reduction on an IBM 360 
Model 44 computer. 

F. Test Procedure 

The general procedure for cond\:cting a test was to first 
condition the propellant to the desired inlet temperature by 
circulating the propellant from the supply tank through the 
heat excnanger. The test specimen war installed in the test 
stand pressure test, and an instrumen'^ation check made. The 
next step was to pressurize the propellent system to the annin 
val/es by means of the gaseous nitrogen regulator. The flow 
control valves were then adjusted to obtain the proper inlet 
velocity and operating pressure at the test specimen. Once 
the desired propellant system conditions were obtained, a 10 
second data file of the test parameters, such as supply pressure, 
flowrate, test specimens, inlet and outlet temperature and 
pressure, and recexver tank pressures were recorded on magnetic 
tape. 

Power was then applied to the test specimen in pre-determined 
increments. Once steady state was attained at eacn increment, 
as evidenced by a visual recording (Brush Recorder) of the 
tes"^ specimen outside wall thermocouples, a 10 second data 
file of all pertinent parameters was recorded on magnetic tape. 
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G. Data Reduction 

The test data were obtained from the electrical output of the 
various pressure transducers, flowmeters, and thermocouples. 
These electrical outputs were converted and recorded as digital 
data on a magnetic tape. These data were then used as inputs to 
a series of assembler and Fortran language programs which per- 
formed the calculations necessary to produce engineering units 
and data essential for assessing the test results. The data 
reduction programs also require as input data, the physical 
properties of the tube materials and propellants. These data 
were obtained from References 12, 13, 1^» and 15. 

The following describes the engineering rationale and resultant 
equations which were programmed for the computer. 



where; A and B are the coefficients of the appropriate thermal 
conductivity relationship. 

The energy transfer into the system is given by the following 
equation: 

= 0.000984 (4E) (I) 

The energy transfer out of the test area was given the following 
equation: 

S,ut = « 'p [’'o - h - - Ti) 0 =■ oj 
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This equation assumes that all of the electrical energy released 
into the system is removed by the enthalpy increase in the fuel. 

The heat losses due to convection and radiation have been cal- 
culated and found to be insignificauit, and are therefore neglected. 
Changes in the kinetic energy of the fluid as it passes through 
the system is also negligible. The equation for one pha.je flow 
is used because the small amount of vapor formed at the liquid- 
tube wall interface will be mixed with the cooler liquid and 
condensed before reaching the outlet bulk temperature thermo- 
couple. The (Tq - Tj^)0 = 0 included to account for 

frictional effects and^ thermocouple errors which are present 
before power is applied. 

The flowrate used in the equation above was derived from the 
measured volumetric flowrates: 

W = q 

Where: 

q is the measured volxunetric flowrate. 

and 

/^is the propellant density and is derived from the 
propellant temperature measurements at the turbine 
flowmeters . 

The heat transfer coefficient can be calculated at 6uiy station 
by applying the equation shown below. 

h = 0/ (T^ - Tg) 

Flow velocity is calculated by applying the simple one-dimensional 
continuity equation, 



where density is given above and r is the inside radius of the 
appropriate test specimen. 

The computer was also programmed to calculate the following 
dimensionless correlation parameters with fluid properties 
evaluated at local bulk temperatures and estimated mean film 
temperatures. 
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Nusselt Number 


Reynolds Nmber 


Prandtl Number 


Re = 


(Cp) (p) 


The heat flxix into the liquid at any point is given by the 
following equation: 


0 


TT (I.D.) (L) 


sec-in‘ 


The heat fluuc was treated as a constant along the length of 
the tube. 


The bulk temperature at any station is given by the following 
equation: 


*^8 = *^i ("^o - ■^i) I 


This assumes that no significant change in temperature occurs 
outside the heated section of the tube in the 2 1/2 inch 
sections between the thermocouples and the heated section. It 
is also assiamed for simplicity, that the temperature variation 
along the length of the tube is linear. This assumption will 
introduce some error into the calculated bulk temperature as 
Cp varies somewhat with temperature, the greatest error occuring 
near the center of the test section. 

The equation for local static pressure is similar to the 
equation for bulk temperature. The pressure, however, is assumed 
to drop linearly between the two pressure taps which are placed 
at either end of the 11-inch test section. The pressure is 
therefore given by the following equation: 


P = P. 


- (Pi - Po) 


2.5 + X 
11 


The inside wall temperature at each thermocouple station along 
the heated section of the tube was calculated from the thermal 
conductivity of the tube material and the measured power input, 
surface temperature, and tube dimensions i.e.. 
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H. Results of Test Program 

The results of the test program are summarized in Table 1. 
Typical Q/A vs inside wall temperature functionalities are 
shown in Figures V-8, V-9» and V-10 for MMH no cycling, 50-?0 
and MMH with cycling. The additive used with MMH was 1.% 
hexamethyldisilazane, and 1^ methyl cyanoethylpolysiloxane was 
added to 50-50. The following statements are made based on 
the limited number of tests that were conducted. 

MMH 


For MMH with and without additive there is no apparent difference 
in the heat transfer characteristics whether the specimen be 
Hastelloy X or CRES 3^7 stainless steel. The peak nucleate 
boiling point appears to be independent of number of cycles or 
time at temperature. The onset of nucleate boiling was very 
consistent for all tests with and without additive at 2.15 ± 

.15 Btu/in^ sec., rather remarkable reproducibility. The 
temperature at which the nucleate boiling occurs seems to 
increase with increased nximbers of cycles or time at temperature 
or both. It can be noted that the first two test series using 
clean MMH had the onset of nucleate boiling occur at a lower 
temperature than saturation. This occurred with the first two 
MMH with additive tests, but to a lesser degree. The long dura- 
tion series II9I through II96, and the subsequent burnout 1197 
had a Q/A vs. inside wall temperature more like one would expect. 
Perhaps some decomposition takes place within the tube \intil a 
film is built up on the tube wall. 

Another slight variation that might have some bearing is that 
the later tests were run at about 60 psla lower pressure. The 
forced convection film coefficient tended to be slightly lower 
with additive than without and it seemed to decrease slightly 
with repeated cycling II9I through II96, see Figure V-10. 

50-50 


Thercj were only two series run, one with clean 50-50, tests 
1177-1180 ; and with additive — tests II8I-II83. It would appear 
as though the onset of nucleate boiling was delayed and the 
peak nucleate boiling ^>oint was increased from 5-6 to 6.2 Btu/ 
in2 sec going from clean propellant to additive. The temperature 
at which boiling begins to occur appears to be about 35°F 
higher with additive. Similar kinds of tests conducted by this 
investigator using these same propellants but at 750 psia, and 
velocities of 50 and 80 ft/sec., resulted in 3 to Btu/in^ sec. 
increment, however, these specimens were not cycled. When a 
test was conducted with additlv=> and cycled this effect was 
found to be 1 to 1 1/2 Btu/in^ sec. less. That test was conducted 
I'v i'va<'uating flK' lube to loc./cc ft, s'mpulaied altitudt' on 
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TUBE 

rjBE 


PRO PELL AIJT 

TUBE 

^/ELOCITY 

i/A 

mg 

BURN- 

ONSET 

HIGHEST 


F.C. 


^IN WALL 

SAT, 

BULK 

TEMP 

AT 

B1 

V AT 

’’in “ 

AT 

'^OUT W 

!iC. 

S^N 

.'•0. 

SI2E 

MAX. 

mm 

mull 

OUT 

N. B. 

Q/A 

P.N.B. 

X 

ONSET OF N.B. 

TEMP, 

B.O. 


jjlO-3 

mm 

- 

DC 

113^ 

+ 1^ 

Steel 

1/6" 

28.8 
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No 

B 

9.0 

- 


65 

352 
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- 

■ 

■ 

Hi 



DC 

11--) 

:o:h f 1^ 

Steel 

1/S" 

?9.5 
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199 

No 


9.2 

- 


69 
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365 

- 

- 





Oc 

11 »■: 

lOB + 1 % 

Steel 

1/8" 

29.5 
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B 

- 

.1 


69 

352 

365 
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196 

B 




23 

i:;-iA 

:o3i ^ 1^ 

Hast, 

1/6" 

29.6 
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190 

No 

2.1 

3.70 

- 

.0071 

89 

370 

- 

- 

- 

- 
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520 


c3 

il?lB 

MT-K + Ijg 

Haat . 

1/8” 

29.3 

207 

192 

No 

- 

3.T8 

- 

- 

- 

- 

- 

- 

- 

- 

385 
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line 

^■^M + 
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1/8” 
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No 

- 
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- 

.0069 

89 
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- 

- 

- 

- 
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No 
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- 
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23 
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No 
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- 

- 
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23 
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203 
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No 

2.0 

3.63 

- 
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89 
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- 
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- 

- 

- 

- 

- 
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- 
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23 
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TEST NO. 1172 CELL X-1 
TEST DATE: 8/11/72 

PROPELLANT TEMPERATURE: 90*F 

INLET VELOCITY: 30 FT/SEC 

METAL TYPE: HASTELLOY 

TUBE SIZE: 1/8" 

PROPELLANT TYPE: MMH 
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TEST NO. 1177 - CELL X-1 
TEST DATE: 8/15/72 
PROPELLANT TEMPERATURE: 90® F 
INLET VELOCITY: 30 PT/SEC 

METAL TYPE: HASTELLOY 

TUBE SIZE: 1/8" 

PROP. TYPE: 50/50 
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FIGURE V-10 

TEST NO. 1191 - CELL XI 
TEST DATE 8/22/72 t 

PROP. TEMP. 90^P i 

INLET VELOCITY 30 FT/SEC. I 

METAL TYPE HASTALLOY j 

TUBE SIZE 1/8" 1 

PROP. TYPE MMH + 1^ SILICONE OIL i 
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shut down. Since the series II8I-II83 was cycled, it is possible 
that peak nucleate boiling point was suppressed. 

J. Conclusions 

Although this test series was very limited, certain tentative 
conclusions can be set forth. The results did provide additional 
questions that could be answered with a more exhaustive test 
series. 

This test series points up the following conclusions: 

The MMH heat transfer characteristics were unaltered by the 
silicone additive. 

The onset of nucleate boiling with MMH occurred below the 
purported saturation temperature when the tube was clean or 
had very little time at temperature. Subsequently, a change 
appeared where it was hypothesized that a film builds up on 
the Inside of the tube that either insulates the tube wall or 
prevents decomposition because of passivation or that the fuel 
does not contact the Hastelloy X or CRES 3^7. 

The cycling or time at temperature had no effect on the peak 
nucleate boiling heat flux, however, the tube wall temperaturd 
was substantially higher, ^ 100° P. 
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VI. TASK IX - INJECTOR CHARACTERIZATION AND 
STABILITY TESTING 


During the course of this contract, two basic thrust chamber 
concepts were being evaluated for use on the OME. The two 
concepts being the insulated columbium chamber described in 
previous tasks, and the regeneratively cooled chamber, actively 
pursued on other NASA contracts. Comparative data between 
ohese contracts had indicated some concern related to the per- 
formance of conventional injectors when the fuel temperature was 
elevated to the temperature exiting from the regenerative chamber 
jacket and consequently entering the injector. Due to this 
concern, and other contract experience, the triplet injector 
was subjected to simulated regenerative chamber operation, to 
evaluate its performance and stability at those conditions. 

The simulated regen operation was performed with tests at ele- 
vated fuel temperatures (200 to 250°F) and ambient oxidizer. 

This increased fuel temperature simulated the heat pick up of 
the regeneratively cooled jacket and differed from the ambient 
temperature fuel besting was used for the Insulated columblxjim 
chamber. 

This task was performed in three sub-tasks. The first subtask 
being the characterization of performance with increased fuel 
temperature (with mixture ratio and chamber pressure variations), 
after testing to show injector acceptability. The second and 
third test tasks were performed, both concerning continued 
stability and included a Siiort test stand and system checkout 
series with the baffled stainless steel injector, and the series 
test evaluation of the #1 aluminum acoustic damper stabilized 
Injector. 

A further change incorporated in this test series, was in the 
amount of vortex cooling required during the tescing. Pre- 
viously during this contract, the operation of the columbiiim 
chamber required the fuel film cooling amount to be 6 to 8^ 
of the propellants injected. The regeneratively cooled chamber 
only requires from 2 to k-% of the propellants as fuel cooling, 
allowing a modest Increase in performance and also somewhat 
different wall operating conditions. Thus, the test objectives 
of this task was to evaluate as closely as practical, the 
tri{)let injector at the conditions simulating operation in a 
r<;gc‘nc‘rati ve]y co(jlcfl OME cvig'.ne. 

A. Injector T<!Stc. al, Klcvati.vl l'ro[M;1.lafi1. ')'< tiipi; tvj l,u re:; 

Fire tests conducted at sea IcvcJ on the; alum i rturri I’lat face 
in.jcctor S/N 1 were performed to investigate tiio effect of 
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heated propellants on performance and heat rejection. The test 
objective was to evaluate performance at simulated maximiun 
propellant temperatures for a regeneratively cooled chamber. 

The injector arrangements for thjse tests differ (from previous 
installations only) in the use of a low flow vortex cooling 
ring required to simulate the conditions for the regeneratively 
cooled chamber. All testing was c '"pleted with a steel ’’work- 
horse" chamber and a water cooled alximinum nozzle. 

Baseline tests were initially conducted for two i irposes. 

First, to establish correct sequencing and operation with the 
diffei*ent vortex hardware, and second to establish a baseline 
on both the hardware and instrumentation for comparison to high 
temperature operation. The heated propellant tests were of 10 
seconds duration. Heat rejection data in the water cooled 
nozzle were determined by chrome i/alumel thermocouple probes 
in water Jacket inlet and outlet manifolds. 

Satisfactory test results w^'re obtained with heated fuel and 
heated fuel/heated oxidizer. No performance decay was noted 
with heated fujl (24o°F' -d less than 1?^ performance decaiy 

with combiued heated fu ’’rO^F) and heated oxidizer {110°F). 

The perfomie.ice data obtained in this series are listed in 
iable I. 

The characterization of the aluminum tripleo injector config- 
uration at various t- iperatures was added to this task as 
required if consideration wis given to stability at tne different 
cooling schemes. Since concern has been noted that performance 
might be materially effected at fuel temperatures, representative 
of regen operation, it was the object of this task to check out 
the irgector operation at the higher temperatures as a prerequi- 
site of bombing a "representative” injector. Testing was thus 
conducted at the elevated temperatures to establish a peifomance 
pattern and indeed ohe desirability of bombing the available 
injector. 

B. Test Hardware 

A cross section of the test hardware is shown in Figure VI-1. 

The injector and acoustic cavity is the same as previously 
tested v-ith the columbium chamber. The vortex ring was modified 
tc accept the lower film flow of a regen configuration. The 
only instrunientation change incorporated was the addition of 
added fuel flow meters such that fuel was measured with two 
' us of dv il flowmeters vr ere the oxidizer flowrates wo-e 
r'easur«.;d with on<‘ sot f dual flowmeters. 
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TEST DATA SUMMARY 
HEATED PROPELLANT TESTING 
ALUMINUM INJECTOR NO. 1 MOD A 
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10 
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1.65 

4.2 

5534 

77 

74 

477 

4457 

15 
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1.62 

4.2 

5535 

78 

74 

486 

4458 

15 

105 

1.46 

4.5 

5518 

78 

73 

406 

4459 

15 

105 

1.77 

4.0 

5513 

78 

74 
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4460 

15 
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1.74 

4.0 
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78 

74 
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4461 

10 
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1.66 

3.7 

5542 

78 

72 
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2 
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10 
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1.66 
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5558 

78 

72 

504 

4464 

2 
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10 
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3.0 

5542 

78 

72 
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10 
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78 

73 

548 
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2.9 
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243 

78 
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10 
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1.66 

3.1 

5565 
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78 

493 

4472 

10 

137 

1.80 

2.8 

5541 

240 

78 

540 

4473 

10 

102 

1.81 

2.8 

5504 

234 

78 

426 

4474 

10 

104 

1.52 

3.2 

5542 

236 

78 

416 

4475 

10 

124 

1.90 

2.8 

5529 

236 

78 

510 

4476 

10 

101 

1.67 

2.9 

5495 

235 

104 

406 

4477 

10 

104 

1.83 

2.8 

5496 

235 

102 

421 

4478^ 

10 

100 

1.70 

2.9 

5463 

242 

103 

395 

4479Cy 

10 

100 

• 

• 

• 

244 

103 

384 

4480 

10 

122 

1.62 

3.0 

5514 

243 

103 

475 

4461 

10 

136 

1.84 

2.8 

5502 

243 

103 

537 
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C. Test Results 


Ttie characterization of the triplet injector with heated 
propellants has been su^:;essfully demonstrated during this 
series. The test duration of 10 seconds is sufficient to 
assure high ten^erature propellant to reach the injector as 
shown in Figure VI-2. Heat rejection data was basically sta- 
bilized also within this duration. The ambient temperature 
baseline performance data are plotted in Figure VI-3 with data 
at three chamber pressure levels and three levels of fuel 
vortex cooling across the mixture ratio range. Testing at 
various mixture ratios and chamber pressures with the fSiel 
heated to approximately 240®F revealed no performance degra- 
dation as given in Figure VI-4. Raising the oxidizer temperature 
had a greater effect and some performance loss was encountered 
1^) when the oxidizer was heated to approximately 110*F 
(Figure VI-5)* A comparison of the heat rejection data for 
ambient and heated propellants is made in Figure VI -6. 

A regression analysis was made with the heated propellant data 
revealing very small residuals for performance and heat rejection 
with heated fuel. Data for this analysis is given in Figure VI-7* 

These small residuals identify the negligible effect with heated 
fuel. The analysis with the combined heated fuel and heated 
oxidizer flow performance loss of approximately 2/3/o with also 
a slight reduction in heat rejection. 

D. Conclusions From Injector Characterization With Heated 
Propellant 

Results fiom this test series agree well with previous subscale 
testing of triplet elements with heated propellants. 1 No noticeable 
performance decrease with fuel heated to 240‘* was expected at full sea] 
while the effect of oxidizer was more pronounced. Even the 
effect of oxidizer temperature was found to be negligible within 
the specified 100°F temperature range indicating that regenera- 
tively cooled chamber operation vith this injector would not 
produce any so-called "blow apart" phenomena or perl rmance 
degradation. This conclusion, and the test results, presumed 
this injector to be fully qualified as a representative injector 
for further stability testing. 

E. Bomb Chamber Checkout Tests 

As series of tests were made with the stainless steel injector 
S/N 1 to insure the operation of the combustion stability 
systems installed in the test cell. These systems included the 
bomb detonation sequence wiring and timing, the instrumentation 
for monitoring results, the au.^omatic shutdown systems and the 
bombs themselves. These tests were comple'*. ed with the re ilts 
shown in Figure VI-9 and the test engine was immediately changed 
to use the acoustic damper injector. 


1 600# thrust subscale tests were conducted up to I5CF fuel 

inlet temperatures without a performance decrease. 
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C*. INJECTOR P., CORRECTED 


VERSUS TOTAL O/F 
AMBIENT PROPELLANTS 
10 INCH ALUMINUM INJECTOR, MOD A 
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INSULATED COLUMBIUM ENGINE 
PROJECTED OPERATION 



INSULATED 

TMAX 


CURRENT BEST ASSESSMENT 


POTENTIAL IMPROVEMENTS 

CHAMBER LENGTH OPTIMIZATION 
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(ALUMINUM INJECTOR NO. 2) 
VORTEX IMPROVEMENTS 
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DATA ANALYSIS 
HEATED PROPELLANT TESTING 
ALUMINUM INJECTOR No. 1, MOD A 


A. ambient propellants, heated fuel and AMBIENT OX 

c* » 6334.8 + 0.92 Pg + 242.3 r^- 90.46 1337.2 p 

MULTIPLE CORRELATION COEFFICIENT 0.93 
RESIDUALS +12 FT/SEC 
- 14 FT/SEC 




V NEGLIGIBLE EFFECT 
r OF HEATED FUEL 


tnO»0.83en L® I - 0.186 8n p + 6.667 
IZD 


MULTIPLE CORRELATION COEFFICIENT ® 0.99 
(+4, -11 BTU/SEC) 




B. HEATED FUEL AND HEATED OX 

c* LOSS APPROX 2/3% 

Q SLIGHTLY LOWER THAN ABOVE 
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INSULATED COLUMBIUM ENGINE : 
PROJECTED OPERATION 
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CURRENT BEST ASSESSMENT 310.2 2425“ F 

OR 310.0 2400° F 
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POTENTIAL IMPROVEMENTS 

CHAMBER LENGTH OPTIMIZATION 310.0 2250° F 

(LOWER c* TESTING TASK IX) V OR 

INJECTOR IMPROVEMENTS 312.0 2450° F 

(ALUMINUM INJECTOR NO. 2) 

VORTEX IMPROVEMENTS 
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?. Acoustic Damper Stability Testing 

A series of tests were conducted In the bomb test chamber using 
aluminum injector #1. This program was initially defined to be 
a screening program where a general idea of the 10 inch flat 
face injector combustion stability could be examined. The 
projected program was designed to make several bomb tests, 
modify the damper as required to obtain stability and retest. 
Originally, 4 such iterations were planned. The test results 
were somewhat different as the initial design produced stable 
results and the additional tests took the form of limit and 
alternate operating condition examinations. 

The damper arrangement tested is shown in Figure VI-10# The 
damper consists of 8 deep and 4 shallow grooves at the injector 
periphery. The 8 deep grooves were to damp the first tangential 
mode and the 4 shallow grooves for the third tangential or first 
radial modes. Actually, the shallow damper slots were sized for 
the mid point between the third tangential and first radial, 
these frequencies being only a few hundred cycles/second apart. 

A sketch of the bomb chamber tested is shown in Figure VI-11. 

The data obtained is included in Table II. 

All tests produced stable results. Over pressures with the 
bombs used appeared to be sharp enough and or such magnitude 
as to produce stringent damping requirements. The bombs were 
10 grain PETN/RDX and were detonated in two positions in the 
chamber. 

Two bombs per test were normally used except when either an 
unusual test condition, or bomb installation change was incor- 
porated. 

Initial testing was conducted with ambient propellants as 
would be noi-mally encountered with the non-regen columbium 
chamber. The test matrix evaluated included the normal variations 
in mixture ratio and chamber pressure. 

Successful stabilization of this matrix allowed .several added 
tests to be conducted and these were made at longer times into 
a test, to enslre a steady state operation other than transient, 
and to evaluate increased fuel temperature, to simulate regen 
operation. No difference in the damping capability of the thrust 
chamber was noted ’..Ith the later tests. The data obtained during 
this testing is listed in Table I, 
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TABLE II 

FLAT FACE INJECTOR BOMB ^ 
(ALUMINUM INJECTOR NO. 


TEST NO. 

^C 

PSIA 

O/P 

i > W 
VORTEX 

PUT 

“F 

OUT 

«F 

BOMB 

LOCATION 

I4AX OVER- 
PRESSURE 
PSI 

BOMB 

TIME 

SEC. 

RECOVERY 

TIME 

MILLISECONDS 

4502 

127 

1.67 

2.9 

78 

75 

1 

512 

.48 

3.0 

4503 

127 

1.65 

2.9 

76 

74 

2 

524 

.48 

3.0 

4504 

126 

1.83 

0.0 

78 

74 

2 

512 

.48 

3.0 







1 

488 

.75 

3.0 

4306 

3.05 

1.44 

3.3 

84 

81 

2 

478 

.48 

3.0 







1 

413 

.75 

2.5 

4507 
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1.68 

3.2 

84 

84 

2 
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.48 

2.5 







1 
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.75 

2.5 

4508 
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1.42 

3.0 

84 

81 

2 
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.48 

2.5 
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.75 

2.5 

4509 
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1.81 

3.0 

87 

84 

2 
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.48 

2.5 







1 
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.75 

2.5 
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127 

1.72 

2.7 

86 

85 

2 
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.48 

2.5 







1 

227 

-- 

2.5 

4511 

127 

1.68 

2.8 

80 

77 

1 

375 

2.5 

2.0 

^513 
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1.73 

2.9 

72 

71 

2 

213 

2.5 

2.0 

4514 

125 

1.78 

3.0 

227 

70 

2 

232 

2.5 

2.0 

4515 

127 

1.68 

3.1 

224 

73 

1 

387 

2.5 

2.0 
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G. Conclusions From Bomb Tests 

The original objective of this task was to perforin a scieening 
of information to indicate dynamic combustion stability could 
be achieved on a 10 inch diameter OME injector stabilized with 
acoustic slot type dampers. The task was approached with some 
concern that the 10 inch diameter chamber would require sig- 
nificantly more damping than previously demonstrated by other 
contractors at smaller diameters. The test results of this 
task indicated tnis concern to be unwarranted, at least within 
the confines of the tests conducted. 

Although the data generated was somewhat meager by previous 
development program standards, the almost immediate damping 
of this injector when subjected to the test bombs, indicated 
excellent results and encouragement that the 10 inch acoustic 
damper application was warranted. These successful results 
also provided encouragement that further testing at other 
operating conditions should be conducted to more adequately 
examine the full range of OME operating conditions. 
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VII. TASK X - REGENERATIVELY COOLED THRUST 
CHAMBER DEMCl^Stt^ATIOli 


The successful demonstration of the use of the triplet injector 
with hot fuel allowed the extension of testing with :his injector 
to a regeneratively cooled thrust chamber. The regeneratively 
cooled channel wall chamber was furnished to the program and the 
task evaluation consisted of obtaining performance and heat 
rejection ir formation. The test assembly consisted of the S/K 2 
aluminum injector with its associated vortex cooling ring, the 
channel wall regenerative thrust chamber furnished by Bell, a 
columbium rozzle extension (to nozzle area ratio of 15) and a 
propellan"' valve adopted to the flow quantities for this engine. 

The nozzle area ratio was determined by the altitude test facility 
vrhere testing of this assemoly was conducted. This alt5tude test 
facility was previously rated at 3500# thrust and the throat 
section of the duct restricted the size of engine operation to 
the 15 to 1 nozzle area ratio used. The expense of modifying 
this facility to accept the full size OME nozzle was not considered 
to be necessary for the preliminary testing scheduled. 

A. Test Hardware 

The test engine consisted of four basic components including the 
Injector/Vortex Ring Assembly a channel wall regeneratively 
cooled thrust chamber, a nozzle exter.sion (area ratio 6 to 15) 
and a Bipropellant Valve. An assembly drawing of the company 
sponsored thrust chamber is shown in Figure VII-l with the injector 
shown in Figure VII-2. The acoustic damper vortex ring detail 
is included as Figure VII-3. The regeneratively cooled chamber is 
a channel wall configuration at a nominal internal diameter of 
(10) inches as shown in Figure VII-4. 

The main portion of the inner liner was machined from a 304-L 
stainless steel forged billet. This part of the liner contains 
60 flow channels of a constant depth of 0.045 inch and vary in 
width from 0.248 inch to 0.469 inch. The lands are a constant 
width of 0.060 inch. The hot gas side wall thickness of the 
inner liner is .050 Inch. 

A flange ring is EB welded to the forward end of the inner 
liner. A flanged concial ring containing 120, 1/8 inch diameter 
coolant holes is EB welded to the aft end of the inner liner. 

Both these flanged rings are constructed of 30^-L stainless steel. 
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Four stainless steel reinforcement rings are provided over the 
lands of the inner liner. The outer shell is fabricated by 
electrodepositing pure nickel over the lands, channels and 
flange ends. The approximate thickness of the shell is 0.055 
inches. A stainless steel torus manifold is welded at each 
flange end which closes out the coolant circuit. Propellant 
line connection fittings are welded to each torus manifold. 

The exit area ratio of the channel nozzle is 6:1. 

A columbium nozzle extension was used for all testing at BAG 
with an exit area ratio of 15:1. This columbium C-IO3 nozzle 
extension is coated with a siliclde 512-E coating and inter- 
faces with the regenerative chamber at an area ratio of 
approximately 6:1. (Shown in Figure VII-5.) The interface 
with the regenerative chamber is sealed using a velbestos 
gasket . 

The engine valve is a LM ascent valve (Bell P/N 8258-472225-23 
valve assembly) with the exception that a normally open solenoid 
valve has been Installed on the valve assembly. The reason for 
the addition of this solenoid is to augment the actuator spring 
load. This was required due to test cell configurations and 
the use of the LM valve for OME development tests. Peed pres- 
sures up to 350 psig were required which resulted in higher 
than normal ball and shaft torque loadings. Because of this 
Increase, the actuator return springs were marginal in closing 
of the valve. See Figure VII-6 for a schematic of this solenoid 
installation. 

The normally opened solenoid is electrically connected in 
parallel with the four LM valve solenoids. When the four LM 
solenoids are deactuated closed, the actuating pressure is 
vented overboard which permits the actuator return springs to 
start closing of the balls. At the same time, the N.O. solenoid 
is de-energized opened which permits a present N2 gas pressure 
to enter the spring cavity of each actuator which helps the 
spring to insure full closing of each ball. See Figure VII-7 
for the recommended actuating pressure and spring cavity 
pressure for various inlet feed pressure conditions. 

The nominal pressure drop for the valve at the 6000 Ibf OME 
condition is as follows: 

Oxidizer Pressure Drop (psid) 

Fiiltcr Assembly l4.0 

K1 o w liod i s 4.0 

Total 18.0 
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DEMONSTRATION CHAMBER 
COLUMBIUM NOZZLE EXTENSION 



FIGURE VII-5 
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SCHER ^IC OP SOLENOID INSTALLATION 



ACTUATION 
PRESS ORE 
INLET 


FIGURE VII-6 
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INLET PRE SSURE INLET PRESSURE 
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Fuel Pressure Drop (psld) 

Filter Assembly 8.2 

Flow Bodies 2.8 

Total 11.0 


Name 


Part Number 


Aluminum Injector S/N 2 
Acoustic Ring (IT and 3T/1R) 
Vortex Ring 

Channel Wall Regenerative 
Chamber 

Columbium Nozzle Extension 
(€ - 15:1) 

Adapter (Nozzle Extension) 

(€ =7?- 5) 


8693-^/3050-1 

8693-743133-1 

8693-473140-3 

8693-470205-1 

8693-470215-1 

8693-470228-1 


B. Regeneratively Cooled Thrust Chamber Test Results 

The regeneratively cooled 6,000 pound th 'ust 10 inch meter 
channel wall chamber was test fired in accordance with ne 
test plan outlined in Report 8693-928002. Eighteen test firings 
with an accumulated run time of 199 seconds were conducted 
somewhat exceeding the 17 test firings with an accumulated run 
time of 158 seconds called f'or in the Test Plan. 

The attached Table I shows th« comparison of planned to actual 
test conditions. 

The main chaingeL were in test series II. The high/low P^j 
tests were replaced by high/low 0/F ratio tests, and 15 and 
25 second tests were made prior to the 30 second test. The 
effect of mixture ratio changes were considered to be of more 
importance at this time than the chamber pressure series, '^e 
15 and 25 second tests were added to obtain a better definition 
of hardware thermal characteristics prior to the 30 second test. 

Table II is a summary of the test data. 

The high vortex flow at nominal chamber pressure (125 psia) 
and nominal mixture ratio (I.65) was k.1% with specific impulse 
for C = 75/1 of 313.8 lbf-!U‘c. 'iho rfigon chamber .)acV<it ternp- 

crature rise was 'jO"!' and Itic .iackoi pressure dr'.ii ..a:; J’7 id, 
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TABLE I 


REQEN CHAMBER TESTIMQ 


TEST 

SERIES 

TEST 

NO. 

— 

TEST DESCRIPTION 

^0/P 

RSPfil 

B 

TEST 

SERIES 

TEST 

NO. 

TEST DESCRIPTION 

m 



lA 

1 

1 , 5 sec . checkout 

1.65 

125 

m 

lA 

1 

2.0 sec, checkout 

1.69 

126 

4.1 


2 

1,5 sec. checkout 





2 

9.2 sec. checkout 

1.70 

124 

4,1 


3 

5 sec . checkout 





3 

10,0 sec. perf. 

1.68 

124 

4.1 


4 

10 sec. perf, eval. 





4 

10.3 evaluation 

1.69 

133 

4.1 


5 

10 sec. perf, eval. 


115 



5 

9^_9_ eva lua t ion 

1.68 

114 

4.1 


6 

10 sec. perf, eval. 


135 

■ 







IB 

7 

5 sec . checkout 

1.55 

125 

4/2 

IB 

5 

4.9 sec. checkout 

1.65 

124 

4/1.9 


8 

5 sec , checkout 





7 

10,0 sec, per, eval. 

1.65 

124 

VI. 9 


9 

10 sec. perf. eval. 





8 

10,2 sec, per, eval. 

1.65 

133 

4/1.9 


10 

10 sec. perf. eval. 


115 



9 

10.2 sec. per. eval. 

1.66 

113 

4A.9 


11 

10 sec. perf. eval. 


135 



10 

15.0 sec, per. eval. 

1.64 

125 

4.1 


i? 

15 sec. perf, eval. 


125 

4 



50.3 1 Total 




II 

wm 

5 sec, checkout 

1.65 

125 

4/2 

II 

11 

1,8 sec, checkout 

1.58 


f \ 



10 sec. perf. eval. 


125 



12 

5.0 sec. checkout 

1,62 

124 

4A 9 



10 sec. perf. eval. 


115 



1^ 

10,3 sec. per. eval. 

1.63 


4A.9 


■n 

10 sec, perf, eval. 


135 



14 

10.1 sec, per. eval. 

1.46 

1^9 

4/2 


17 

30 sec, perf, eval. 


125 

4 



9.9 sec, per, eval. 

1.80 

124 

4/1.8 








16 

15.1 sec. per. eval. 

1.65 

124 

4/1.9 








17 

25.2 sec, per .eval. 

1,64 

125 

4/1.9 







1 

18 

30.0 sec. per. eval. 

1.62 

125 

4/1.9 



1 




1 

1 


tL07.4| Total 

llllllllllll^ 






TOTAL 
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TABLE II 

6 K OME REQEH CHAMBER 
TEST SUMMARY AT ALmUDE 



870 

2 , 


Checkout 

Firing 

871 

9. 

.2 

8,6 

124,4 

372 

10, 

,0 

9 -^ 

124,2 

373 

10. 

.3 

9.7 

13J.4 

S74 

9, 

.9 

9.3 

114.3 

Sjb 

4, 

.9 

Checkout 

Firing 

376 

10. 

,0 

9.4 

X23.8 

877 

10. 

.2 

9.6 

133.0 

878 

10. 

.2 

9.6 

113.4 

879 

15. 

,0 

14.0 

125.0 

880 

X, 

,6 

Checkout 

Firing 

881 

5, 

.0 

Checkout 

Firing 

332 

10, 

,3 

9.7 

122.8 

833 

10. 

.1 

9.5 

124,1 

884 

9. 

.9 

9.3 

123.8 

385 

15. 

.1 

14.5 

123.5 

786 

25, 

> 

10.0 

1^ .i 




20,0 

125 3 




24.0 

125.4 

887 

30, 

.0 

10.0 

125.4 




20.0 

124.5 




25.0 

124.6 




29e0 

124.7 



'•.13 5593 
'..13 557^ 
1.^8 5574 
<*.11 5568 

1.91 5627 

1.92 5617 

1.90 5590 

5575 



316.98 

316.39 
316.74 
316.61 

316.80 

316.40 
316.57 
316.18 


316.15 
314.18 
316.55 
316.. »9 
316.04 


316.36 


1.88 5622 
1.87 5623 


( 1 ) Pc correction fector 0.981 

( 2 ) Hormalired to 1 . 9 #^flljti cooling end Pc ■ 125 psia 




51 WA 
47 IfA 
49 NA 
49 NA 

157 MA 
156 »A 

158 NA 

154 1711 



FUEL I JACKET 


173 
-o5 

179 
175 

170 

173 NA 

178 1761 

171 NA 

175 HA 

176 NA 

176 178^ 



97.9 25.0 
94.2 24.9 
95.7 23.6 
92.5 21.3 


113.3 27.0 

111.0 33.1 

1367 Ii14.2 21.T 

1604 I 99.0 27.1 
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while the maximum skin temperature was 15^" P and occurred at 
the injector end of the chamber for the I5 second firing. 

Itie maxlmiam indicated temperature in the columbium nozzle 
extension was 1711*’P. 

•Rie low vortex flow at nominal chamber pressure and mixture 
ratio was 1.95^ with a specific impulse for £ = 75/1 of 316.4 
Ibf - sec. His reger. chamber Jacket temperature rise was 

Ib^ 

119“ P and the Jacket pressure drop was 26 psi, while the 
maximum skin temperature was 175*^ P and occurred at the injector 
end of the chamber for the 15 second firing. The maximum 
indicated temperature on the columbium nozzle extension was 
1597’P. 

The 30 second duration firing at nominal chamber pressure and 
mixture ratio indicated the following performance values: 

^SPC = 75/1 
Jacket AT 
Jacket AP 
Skin Max Temp 
Extension Max Temp 


= 316.3 Ibf- sec 

= 122® P ^*^^m 

= 26 psi 

= 176®P 

= 1718® P 


Very little performance difference is noted between the 
second and 30 second runs indicating that the engine is 
at or near equilibrium. It is also noted that there is 
impulse gain of 2.5 Ib ^^sec when vortex flow is reduced 

to 1.95^. ® 


15 

operating 
a specific 
from h.l^ 
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REQENERATIVELY COOLED CHAMBER PRQl»grXAW T WiOW SPHSHATIC 


INJECTOR 



FIGURE VII-8 



1. I'^rformance 


The T)er:’.»rmance data are presented in plots of specific impulse 
and characteristic velocity versus mixture ratio for all test 
duratiofiB of 10 seconds or greater. The specific impulse versus 
mixture ratio is shown in Figure VII-9 for fuel vortex percen- 
tages of 4'.15» and 1 . 9 ^ at high> nominal and low chamber pressure. 

A s^milai plot for characteristic velocity versus mixture ratio 
is given in Figure VII-10. 

lh€ sped fic impulse and characteristic velocity versus test 
dura '•.ion for the 30 second test (lBN- 887 ) is shown in Figure 
VII-11. Stabilization of specific impulse was achieved after 
approximately 5 seconds duration. Characteristic velocity shows 
a slight decrease with duration due to apparent throat area 
change which was not applied to these data. 


2. Heat Rejection 

The fuel Jacket temperature rise effect versus mixture ratio 
is shown in Figure VII-12 for the two vortex flow conditions 
and at .he three chamber pressure levels. These data are 
presented at the 10 second point. The fuel Jacket temperature 
rise versus test c' ration for the 30 second test is given in 
Figure VII-I 3 . The total chamber heat load vs chamber pressure 
is shown in Figure VII-i4. 


3 . Shell and Nozzle Temperature 

The external shell cT the regeneratively cooled chamber was 
instrumented v^ith « total of fifteen (15) chromel/alumel thermo- 
couples as shov,"' ,.n Figure VII-15. Thirteen ( 13 ) of these 
being located on the outer surface of the chamber in two cir- 
cumferential j.ocations (12 o'clock and 9 o'clock) and two (2) 
being locat.,J on the chamber flange. The injector was instru- 
mented wit.i two (2) flange thermocouples. The columbitun 
nozzle ' .tenfion was Instrumented with three (3) chromel/alumel 
and sV. (6) platinum/platinum-rhodium thermocouples for all tests. 
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Two (2) additional platinim/platlnum- rhodium thermocouples 
were added for the latter test series from test number IBN- 
880 to 887 . 

The maxlm\xm chamber skin temperature versus mixture ratio is 
shown in Figure VII-I 6 for all tests of 10 seconds duration or 
greater. The data presented are for all 1C second points. 

The maximum temperature measured is located at the injector end 
of the chamber (thermocouple T-1 or T-2). Tlie Increase of 
maximum chamber temperature between the 10 secoiid data point 
and the thermally stabilized end of run data point is less tha." 

10“ P. 

The temperature profile of the chamber skin temperatures and 
nozzle extension temperatures for the 30 secona duration test 
is shown in Figure VII-17 (at the end of run data points). 

The temperature plots of all the chamber and nozzle extension 
thermocouples except extension thermocouples 1C and 11 are 
listed for the 30 second duration test in Figures 711-18 
through VII- 23 . 

4. Start Transients 

Starting of the regeneratlvely cooled engine was predicated 
on several set up requirements. These being an oxidizer lead 
requirement and also that the fuel film coolant and main fuel 
flows enter as simultaneously as possible to eliminate possible 
flashback and overheating. Unfortunately, in this separately 
fed hardware, to achieve this type of propellant timing required 
orlficlng and volume changes because of different flow adjust- 
ments to the film manifold. While this criteria (fill time 
entry) was accomplished, the feed system used was much more 
involved than normal, leaving very little useful data to pro- 
ject to a final flight engine transient analysis. However, the 
starts achi'. v^ed were useful in defining altitude start information 
and can be used as a criteria of successful operation. 

Two basic systems were used for the regen chamber testing to 
accommodate vortex flows of approximately and 2 '^. The 4^ 
vortex system was simpler and available when the regen chamber 
was available for initial testing, and consequently was used 
first. The 2 % vortex system required a bypass system utilizing 
a parallel line circuit with a valve and orlficed line arrange- 
ment, as shown in Figure 23 . This system was used to obtain 
proper propellant sequencing on start transients wlthou adding 
additional voliimes between the bipropellant valve and combustion 
chamber ( ^ 4^ on start), and permitted operating at a 2',^ 
vortex flow during steady- s tate . The 2^ flov; resulted when +he 
valve was closed at the 2.^ second point of the test firings. 
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The volumes and orifice diameters were determined with a start 
and shutdown transient model. 

Prior to installation in the test cell, that portion of the 
feed system containing the orifices was water calibrated and 
modified xintil the desired vortex flow and orifice pressure 
drops were obtained. The complete propellant system was then 
flow calibrated in the test cell to assure that oxidizer pre- 
ceded the fuel ir.to the chamber, and that the vortex fuel flow 
reached the chamber within 100 milliseconds of the injector 
fuel flow. 
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VIII. TASK XI - OME MODEL INJECTOR 


The original intent of this contract was the development of 
information leading to reusable thrust chambers which would 
prove the acceptability of cooling systems proposed for use 
on the OME. The initial tasks of this contract carried through 
the parametric trade studies, selection of a design, design, 
fabrication, and demonstration of the chamber to prove the 
cooling concepts to be real and viable. To accomplish this 
task, injection systems were furnished to the program. However, 
with the advent of more stringent and varied stability criteria, 
the complete use of an injector, modified to suit the program 
needs, was required. As a consequence, the designated injector 
S/N 2 which was designed as a company sponsored project^ 

(Figure VIII-1) with its associate vortex cooling assembly, was 
transferred to the program. 

This injector (8693-^73050-1) was fabricated from aluminum. 

The injector was designed for construction from stainless steel, 
with all internal hydraulic passages of flight design. The 
flight design concept was also maintained in the face thickness 
and manifolds such that flight characteristic orifice L/D 
hydraulics and manifold velocities were examined. However, the 
construction was carried out in aluminum as a cost reduction 
item. In this case, the cost reduction was warranted due to 
both funding limitations and also because the primary injector 
parameters could be demonstrated with either type material. 

The cost reduction attributed to the aluminum construction is 
primarily associated with decreased machining time in both 
formed parts and injection orifice fabrication. The two primary 
parts forming the injection system are the 8693-^73150-1 
injector, and the 8693-^731^0-1 vortex assembly. This vortex 
assembly is comprised of the manifold, injector orifices, and 
vortex coolant generation slots for the fuel film coolant of 
the thrust chamber. 

This injector was a second generation injector based on the 
original flat-face injector S/N 1. The design evolution was 
made with changes in the propellant manifolds to reduce velocity 
and therefore, cross flow effects at the entrance of the injection 
orifices. The water flow tests of the original S/N 1 injector 
pointed out the orifice distortion and immediate changes were 
made in this unit (S/N lA) to reduce the degrading manifold 
effect. Unfortunately, the feed system on that Injector was not 
adequate to allow a completely efficien"^ 3yTto";'''tr ’ '"al nror .llant 
supply and the redesign of the manifolds resulted. The incor- 
po'.'ated manifold changes made to the design of the S/N ? in, lector 
were highly effective and this injector was considered applicable 
for all future nesting operations. 
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TABLE I 


INJECTOR CORE DESIGN 


DIAMETER (INCH) 

THRUST (LBS) 

ELEMENT TYPE 

NUMBER OP ELEMENTS ( PRIMARY) 
THRUST/ELEMENT (LBS) 

OX MANIFOLD VELOCITY (PT/SEC) 
FUEL MANIFOLD VELOCITY ( PT/SEC) 
PROPELLANT FLOW/A^, (LBS/IN^) 
NUMBER OP ELEMENT ROWS 

ELEMENT CONFIGURATION 

• IMPINGEMENT DISTANCE (INCH) 

• IMPINGEMENT ANGLE (®) 

• OX ORIFICE DIAMETER (INCH) 

• FUEL ORIFICE DIAMETER (INCH) 

• L/D OX 

• L/D PIM. 

• AP OX (rsi) 

• AP FUEL (PSI) { 2 $^) 

• FACE RING WIDTH (INCH) 


10 INCH DIAMETER 

(s ‘n o'! 

10 

6000 

TRIPLET 

196 

31 

<8 

<9.5 

0.24 

7 


0.397 

32 

0.0492/0.0465 

0.0295/0.0276 

>U0 

5.0 

41 

43.5 

0.250 
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The critical design information used for this injector is 
included in Table I with the injector drawing included as 
Figure VIII-2, In addition, the vortex ring used to inject 
the fuel film cooling is also included as Figure VIII-3. 

These two parts complete the injection system with approximately 
of the propellants injected through the primary injector, 
and approximately 7 % of the propellants, as fuel, in the vortex 
film cooling. This propellant distribution was used for the 
testing of the insulated columbium thrust chamber. 

The regenerative ly cooled thrust chamber required much less 
fuel film cooling, and only 2 % of the propellants, or less, 
was injected through the vortex ring when testing the regen- 
erative chamber. 

A series of acceptance tests were performed on the S/N 2 injector. 
The tests were conducted on a sea level test stand with a 
thrust chamber consisting of an uncooled steel chamber and a 
columbium throat arrangement. Testing was conducted in this 
manner to observe the throat temperature and also to examine for 
streaking of the injector. Since the injector was originally 
designated for use with an insulated columbium chamber, this 
acceptance procedure was not only applicable but presented a 
measure of acceptance of temperature distribution. 'Hie accept- 
ance test. data is shown in the following table. 


TABLE II 

ALUMINUM INJEC OR S/N 2 


Run 

d -4 

Dur. 

Sec. 

Data 
Point 
Sec . 

^o/f 

P 

c corr 
Psia 

c* 

Ft/Sec 


Pyro 

Maximxun °P 

4489 

2.7 

2.2 

1.630 

129.8 

5393 

3.81 


4490 

2.4 

1.9 

1.719 

124.4 

5411 

7.58 


4491 

10.5 

10.0 

1.582 

125.0 

5478 

7.77 

2284 

4492 

14.9 

14.4 

1.65 

121.4 

9478 

7.97 

2308 

4493 

19.9 

19.0 

1.611 

1-2.9 

9479 

7.49 

2340 

449^1- 

19.9 

19.1 

1.912 

127.2 

9488. 

8;. 19 

2340 

4499 

19.3 

1^1- . O'! 

l.d39 

122,. 

9948 

7.27 

2389 


19.9 

19.1 

1.810 

119.4 

9438 

7.97 

2279 

44^7 

19.4 

14.9 

I.43B 

124.0 

9997 

7.68 

2279 

4498 

30.4 

29.9 

1.680 

121.8 

9487 

7.81 

2278 
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IX. TASK XII - HEATED PROPELLANT INJECTOR 
STABILITY TESTING 


The principal objective of this task was to obtain high 
frequency combustion stability data using an injector representative 
of regenerative chamber operation- This representation was 
accomplished by heating the fuel to a temperature expected fiviii 
the outlet of a cooling j'acket and detonating bombs at intervals 
in the starting transient. 

To insure stability or at least a representative condition, it 
was also desired to evaluate the temperature in the acoustic 
cavity. The cavity temperature was of concern as the original 
design was based on an acoustic frequency, which ir. turn is 
based on temperature. Some tests related to this prograrr., had 
previously indicated that the cavity temperatures could be signif- 
icauitly above the design values. Since a substantial increase 
in temperature should reduce (or at least change) the stabilizing 
effectiveness of the cavity, knowledge of this temperature was 
considered necessary to obtain a reasonable assessment of the 
test data or to make recommendation resulting from test data. 

As a consequence, the initial test was of 10 seconds to obtain 
acoustic cavity, time-temperature data. Ten seconds of operation 
was considered sufficient time to reach equilibrium conditions in 
the acoustic cavities. 

The bomb thermal detonation time also became a restriction when 
it was found that cavity thermal equilibrium occurred after the 
normal maximum detonation time of 2.5 seconds. The temperature 
data obtained indicated that some 6 to 10 seconds operating 
time in the chamber would be required if full thermal stability 
was to be achieved. It was suspected that the bomb would not 
last more than 3 to 5 seconds and Indeed this was confirmed in 
testing. As a consequence of these initial tests, the test 
duration was programmed for approximately 7 seconds and a bomb 
insertion device designed which would allow the bomb to remain 
out of the chamber until tiie needed time. 

Sixteen tests were conducted as the combustion stability task 
of this program. The , stability tests were conducted with an 
objective of defining a limit where the injector was marginal 
or produced instability. To accomplish this end, a building 
block acoustic damper arrangement was used where the open area 
could be varied to reduce both open area and depth of the 
individual cavities. With these variations, the 12 deep (IT) 
cavities could have depths of 1.65^ .78 and 0 inches (from the 
injector face) . Tlie percent open area could be incrementally 
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adjusted to have 7«8, 11.6, 13*7 and 15.6^. The four shallow 
cavities could only have .78 and 0 depths and open areas of 

7 . 8 , 3.9 and 0^. 

The test sequence was such that the deep cavities were varied 
from 15.6 to 11.6 to 0 to 7 . 85 ^ open area where the testing tc 
date indicated stability at 11.6^ open area and instability at 
7 . 8 ^. The shallow cavities (3T) were varied down to 0 without 
unstable results. Recovery from the bombs on the stable tests, 
occurred in less than 5 milliseconds in all cases. No apparent 
recovery was noted on any of the three unstable tests after the 
first bomb was detonated. 

The manner in which the tests were conducted was somewhat 
unusual. Prior to the test series, temperature recordings in 
the cavities hai shown temperatures in excess of design values. 
These temperatures recorded were in the order of 3000 ""F v/here 
the original "guess” frcm literature was in the order of 600'F. 
Concern was expressed at the cavity capability to darfip ani a 
test procedure evolved which would take advantage of this high, 
temperature. Sie.ce a substantial time was required for the 
temperature to come to equilibrium (7 to 10 seconds), a bomb 
sequence was incorporated detonating charges at 0 . 5 , 2.0 and 
7 seconds representing approximately 1000, 2000 and 3000 *^ F in 
the acoustic cavity. It was suggested that by bombing over 
this temperature range, a broad spectrum of conditions relating 
to the speed of sound would be covered and should produce a 
large amount of useful data with a modest number of tests. 

In retrospect, no effect of temperature in tiie cavity tias been 
found to date. There were only two occurrences of instability 
noted and these occurrences were with the IT cavities reduced 
to 3T depths. Both tests were stable until the borb v;as 
detonated, and neither bomb test recovered after detonataon of 
the first bomb. The test results are summarized in Tables J 
with the individual tests tabulated in Table II, All bonhs 
had a I’KTN base charge of 6.') rTairt;:. 

A. I ’ re 1 i in i r\a ry Te s t Results 

The initial tests in this task were conducted to obtain 
information on the thermal stabilization time of the acoustic 
cavities. Previous oomb tests had been conducted in the first 
1 to 2 seconds of chamber operation, and some related program 
data had indicated the acoustic cavities to be in a thermal 
transient in this time period. As a consequence, an acoustic 
manifold was Instrumented to obtain transient data on tests 
conducted. In addition, the normal bomb insulation which has 
been used in testing has provided thermal protection for onlv 
4 or 5 seconds. If a longer test was required, then a redesigned 
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TABLE I 


TEST SUMMARY 


IT 

H 

RESULT 

NO. TESTS 

NO. BOMBS 

REMARKS 

15.6 

7A 

S 

4 

1 

CAVITY TEMP > 3000*F 
THERMAL BOMB • OLD STYLE 

15.6 

7.8 

S 

6 

17 

NEW BOMBS DAMP < 5 MS 

11.6 

7.8 

S 

5 

16 

DAMP < SMS 

0 

23.4 

U 

2 

3 

BOTH TESIFS UNSTABLE 

7.8 

15.6 

U 

1 

3 

INITIAL BOMB UNSTABLE 
TO SHUTDOWN 

11.6 

3J 

S 

1 

3 

DAMP < SMS 

11.6 

0 

S 

1 

3 

DAMP < SMS 


I >1 "■« « 


£3 €3 ^3 fSSSf BS9 C3Ph €9 CSS& 


^ CSS& CSB^ 


DATE 

TEST 

NUMBER 

3/1/7- 

4560 

3/'+/ 7^ 

45*61 

3/^/7^ 

4563 

3/5/7^^ 


3/5/7- 


3/6/7^ 

4566 

3/8/7'» 

4567 

3/3/7i. 

a^rSd 

3/a/7‘* 

4569 

3/11/7^ 

457 c 

3/11/7^ 

4571 

3/lV7i* 

4572 

3 ^ 15 / 7^1 

4S73 

3/26/7** 

1 

4^7- 

4/11/7- 

-r.To 

4/12 '7-i 

457 -" 



TABLE IX 

TEST SUMMARY OF BOMB TESTS - BOMB STABILITY FHOQRAM* TASK XU 


IT FllT 
P *P 


^GC 

rsiA 

FT/SEC 

f 

% 

110.9 

56-3 

2.1 

125.6 

56 22 

2.2 

-7.1 

5535 

2.6 

152.7 

5609 

2.1 

96 , 5 

5530 

2.3 

151.3 

5526 

2.5 

125.7 

5562 

2.3 

101.3 

5510 

2.5 

104.1 

5455 

2.1 

149,4 

5531 

2.1 

149.9 

5556 

2.5 

122.1 

— 

2.3 

110.8 

5614 

2.3 

125.2 

5476 

2.3 

12i.3 

5595 

2.2 

125.3 

5584 

2.3 


57 128 



244 99 
203 79 
202 9^ 
135 llS 
173 96 


231 135 159 410 
218 154 155 319 


a OP CtMNBKS} 
CAVm ABBA 

.IT 

fSSSSMl 

15.6 

T.9 

11.6 

T.9 

0 

23.6 

0 

23.6 

7.85 

15.75 

U.6 

3.9 

U.6 

0 


All rmcovmry %imB 3 mb 
5 MS 


All r«coY*ry tlMS X«m 
tium 5 918 


UfuitAlil««»Aiitottatie 
ttmtdm (ABO), 
Unstal^l# 2 to 8.1 ooe. 
A8D Aid not <^rAto* 
trnstafilo from 1st boal^ 
to s^tdoim A8P did 
not oporof slnee nn* 
AtotXo ov«rprooo«tref 
T 30 pAl) wmo loom than 

4o poi iiait. 

Becovdr/ tlM loos 
t2tan 5 MS 


30MB rET0:*ATI0N TIJ-tES WERE APPROXIMATELY 0,5, 2.0, AND 6.9 SBC. FOR EACH RUN. 
BOMB DETONATION TIMES C.5 AMD 2 SEC. 

BC‘-!3 DETONATION TIKE 0.5 SEC. 

DETONATI'N TITES 2.V DEC., AK: BEr^'EE.V 6.9 AND 8,1 SEC. 
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bomb thermal protection or an insertion device would be 
desirable. To confirm that this added effort was needed, a 
bomb was inserted into a chamber and tested to thermal detona- 
tion. The results of these preliminary tests showed that 
thermal equilibrium was not achieved until 7 to 9 seconds and 
that the bomb thermal detonation occurred at 4.2 seconds. 

These results indicated the need for the longer bomb run aiid 
the bomb inserter was designed as a result of the tests. 

By using a longer run time and by using multiple bombs, the 
stability program was redesigned to present a more comprelien- 
sive stability survey. 

The three bombs were considered to represent entirely different 
temperature (and possibly acoustic) conditions in the daK'.rer 
cavities. The bomb detonation times of .5, 2.0 and 7-0 seconds 
rou^ly approximate temperatures of 1000 °F, 2000 “F, and 
in the acoustic damper cavity (PR #16). This test procedure 
was devised to take advantage of the high temperature of these 
cavities, especially since the temperature transient is sufficiently 
slow, so that the bomb can be detonated with some time latitude 
without being too far away from the expected temperature condi- 
tion. 


1. Hardware Changes for Prellmiaary Testing 

Acoustic Damper - As a result of separate studies, some additional 
cooling for the acoustic damper was indicated. Original estimates 
of cavity temperatures wer'^* muon lower than those encountered in 
test. As a result of this intormation, active cooling, and con- 
sequently cavity size changes viere indicated and incorporated 
into the injector chamber interfaces. 

The changes consisted of a O.OI5 inch increase in the cavity 
width to compensate for the thicker lands, thus maintaining 
a baseline opeti area that was the same as that on previously 
demonstrated hardware. The land thickness of the acoustic ring 
was increased to allow the incorporation of coolant passages on 
future designs. To define stability margin, the acoustic ring 
was designed to permit variations to the acoustic cavity open 
area by the attachment of inserts to the lands (Figure IX-1) . 

These rings were designed so that the IT tangential cavities 
(deeper one) could be varied to have from 15«7 to 11. 65^ open 
arp^a. The third tangential cavities could have 7-8 to 3.9/6 
ope'n area. The basic symmpjtry of the acoustic cavities was 
maintained, eliminating concern or effect of unequal area dis- 
tribution, and also simulating the configuration expected on 
ti5c final design. Provisions have also been made to vary the 
cavity depth from l.f.b to 1.77 Incii depth from the injector face. 
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TABLE IV 

HARDWARE CONFIGURATION 
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The 10 second duration test produced a mixture ratio (0/F^ 
of 1.664, vortex flow at 2.035^ and chamber pressure at 
121.0 psla. The maximum gas temperature recorded in tlic 
acoustic cavity was 3320"F (Temp. No. 3) andoccurrod in deep 
cavity number 1, and was at the top (gas side) of the cavity. 

Bie tungsten/rhanium thermocouples operated very satisfactorily 
during the test and produced a believable time hlsto y. On 
the other hand, the platinum-platinum/rhodixim thermocouples 
opened at the combustor intersection, where temperatures 
apparently exceeded the couple capability. Figures IX-6 
through IX-9 are temperature time histories. The temperature 
results indicated that a much longer bomb time than the pre- 
viously used 2 seconds was required to reach stabilization. 

From this data, it was concluded that approximately seven 
seconds would be the minimTom bomb detonation time that ccald 
be used to represent a stabilized temperature. 

Post run examination of the hardware revealed several cracks 
on the vortex ring Just upstream of the tangential orifices 
as shown below. 



Orifices 


It appears that the cracks may have oi'-iginated at the weld 
Joint where high stress concentrations are likely. Repair of 
this unit was not considered productive and the part was set 
aside and replaced with vortex ring 8693-473l40-3A for the 
next test. 


Due to the requirement to change the hardware, a reorif icing 
test was also scheduled for test 4358. The result of the test 
was a confirmation of the high temperatures in the acoustic 
cavity, resulting from test 4537 • Since the primary objer-tive 
of the program wao to confirm the high temperature, it v/as 
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considered that further testing to confirm temperatures was 
not warranted. The three second checkout test resulted in a 
mixture ratio (0/P) of 1.644, vortex flowrate of 2»10^, and 
ch.unber pressure of 122.9 psia. The decision to change to the 
bomL durability tests also helped by some hardware damage 
resulting from the test. The water cooled liner of the nozzle 
was damaged in the test and repairs were required. Since 
further testing of the water cooled nozzle did not appear 
necessary, the bomb duration test was set up immediately. 

The set-up for this run 4559 is also depicted in Figure IX-5 
with the hardware listed in Table IV. The objective of this 
test was to define the time for thermal detonation of a bomb. 
More precisely, since 6 seconds of operation was required 
to represent equilibrium temperatures, the test was made to 
see if the current bomb decision would last that long in the 
thrust chamber. A 10 grain bomb was installed in the upstream 
port. Provisions were also made for electrical detonation if 
the expected thermal detonation did not occur. 

The bomb detonated thermally at 4.23 seconds from fire switch 
and shutdown was made at 4.5 seconds. The test was made at 
a mixture ratio (0/P) of 1.645, r - 2.19^ and = 124.2 psia. 
Maximum acoustic cavity temperature of 308o°F was recorded and 
occurred at the top of cavity number 1. 

A temperature time history plot Is sh"-Ti in Figure IX-IO. The 
four second data point was plotter' o:; igures IX-6, IX-7» IX-8, 
and IX-9 for comparison with the s-xj-ts of test 4557 and are 
tabulated below: 


Temp. No. 

Data 

Time 

(Sec) 

Ruin 4557 
Temp. 
(°F) 

Run 4559 
Temp. 
(°F) 

Cavity 

Configuration 

2 

4.0 

2230 

2400 

Deep 

6 

4.0 

3040 

2550 

Deep 

11 

n.o 

— 

3080 

Deep 

7 

4,0 

2480 

2450 

Shallow 


The four ;-eco'i.* temperatures were of specific interest to 
ensure that the higher temperatures (up to 3000"P) were 
encountered near or at the time of bomb detonation. Also, 
some concern had been exhibited in that the longer bomb detona- 
tion time would occur at a higher cavity temperature than pre- 
viously encountered. 
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The test was conducted without incidence. The bomb detonated 
thermally at a slightly longer operating time (4.2 seconds) 
than originally predicted (3*5 seconds). Recovery was 5 
milliseconds, comparable to previous tests. 

4. Preliminary Test Conclusions 

Two conclusions were made from these tests. The first being 
related to a longer run time requirement for the acoustic damper 
stabilization than originally anticipated. The second being a 
much higher acoustic cavity temperature than literature informa- 
tion had indicated. As a consequence to the above conclusions, 
it was decided to reconfigure tne bomb chamber to incorporate 
the capability of both long and short duration bombs by having 
a wall mounted bomb for short durations, and a bomb inserter to 
be used for detonating bombs at durations greater than 4 seconds. 

a. Bomb Inserter 

The technique of inserting bombs into a combustion chamber was 
developed during the Ascent engine program and readily 
accomplished. Unfortunately, that program has been completed 
for several years and all related equipment scrapped. Thus, 
also with the bomb inserters. On the current program, it was 
decided to design and fabricate a new inserter, one of reduced 
complexity and therefore cost. The design selected is shown 
in Figure IX-11. 

Operation of the inserter is pneumatic. The bomb is mounted 
in the inserter such that the top insulating cap is flush with 
the chamber wall. On command, the inserter is actuated, pushing 
the bomb and its protective cover into the chamber. An elec- 
trical signal then detonates the bomb at the time designated. 

B. Heated Propellant Stability Test Results - Test Hardware 

The hardware used for this stability evaluation is listed in 
Table V and the assembly is shown in Figure IX-12. Figure IX-12 
also shows the location of the 3 bomb ports and the 5 high fre- 
quency response transducers. The stationary bomb and inserter 
bomb assemblies are shown In Figure IX-13, Figure IX-14 
shows the location of thermocouples 2 , 6 , 7 and 11 which were 
used for this test effort. 


Figures IX -15 through IX-I 7 are photographs of the injector 
acoustic ring (11.6^ IT and 3»9^ 3T/1R), stationary bomb 
installation and bomb inserter assembly respectively. 
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TABIE V 


HARDWARE CONFIGURATION 
(Reference Figure 1) 


Item 


Part Number 


Serial Number 


Aluminvun Injector 
Fuel Vortex Ring 
Acoustic Cavity Ring 
Bomb Chamber 
Water Cooled Nozzle 


8693-^73050-1 

8693-^73140-3A 

8693-^73112-1 

8693-^70021-lA 

8693-470016-1 


S/N 2 
S/N lA 
S/N 1 
S/N lA 
S/N 1 


1. Test Results - Series 1 (Tests 4560 - 4566) 

The initial (baseline) stability series was conducted with an 
acoustic cavity configuration consisting of a IT open area of 
15 . 6 j^, and a 3T/1R open area of 7*8jt (Figure IX-I 8 and Figure 
IX-I 9 ) . The series consisted of 6 tests with 17 bomb detona- 
tions. All tests were stable. Tliere was no noticeable effect 
on stability characteristics with variations in mixture ratio, 
chamber pressure, and acoustic cavity gas temperature. Chamber 
pressure overpressure maximums were generally greater in the 
acoustic cavities than in the chamber. The per cent overpres- 
sure in the acoustic cavities ranged from 160$^ to 394$^, and in 
the chamber ranged from 77/^ to 250$^. These maximum pressures 
occur immediately after bomb detonation. 

The maximum cavity gas temperatures recorded for this series 
at detonation of bombs 1, 2, and 3 were approximately 1325 °F, 
1750°P and 3000"F respectively, and are based on limited 
temperature data. 

2. Test Results - Series 2 (Tests 4567 - 4571) 

The second test series was conducted with an acoustic cavity 
configuration consisting of a IT open area of 11 . 6 % and a 
3T/1R open area of 7*95^ (Figure IX-I 8 ). The series consisted 
of five tests with I 5 bomb detonations. All tests were stable 
and there was no noticeable effect on stability characteristics 
with variations in mixture ratio, chamber pressure and acoustic 
cavity gas temperature. The percent overpressure in the acoustic 
eavities ranged from .17*^'^ to 443^, and in the idiamner from 7*// 
f.o 3-'4/. 


The aeouiiti.e cavity g,as temperatures varied (njrisiderably from 
run to run a+ 1 he three bomb detonation times. Tlie gas tempera- 
ture ranged 1 om to 212C'''’P at the t-ime of detonation 

of bomb i: ranged from 244(f'’F to 3250'’ K at time of detonation of 
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of bomb 2; and 2480"? to 3620 ®F at time of detonation of bomb 

3. 


Temperature time histories of the acoustic cavity gas tempera- 
ture are shown in Figures IX- 21 and IX- 22- 

A typical recovery time record is shown in Figure IX-23. 

3. Test Results - Series 3 (Tests 4572, 4573) 

On the third test series all of the acoustic cavities were of 
a 3T/1R configuration. It was. decided to "jump" to this 
arrangement as tests at another facility had Indicated stability 
with a shorter cavity length. 

On the first test, the first bomb was detonated at 0.5 second. 

At bomb detonation the engine became unstable and the ASD 
circuit shut the engine down at 0.7 second. The frequency 
observed was approximately 2620 Hertz which was considered to 
be a first tangential mode. 

The time of bomb detonation and resultant instability is shown 
on an oscillograph reproduction in Figure IX-24. The acoustic 
cavity pressures (Injector P0-3 and Injector P«“4) generally 
showed greater amplitudes than the pressures (TcPc-1 and 
TcPc" 2) in the combustion chamber. Maximvun overpressure in the 
acoustic cavity ranged from 254^ to 308 ^» and in the chamber 
from 94^ to 202^. The traces are oscillating at a frequency 
of approximately 2620 Hertz. Superimposed frequencies, of 
reduced magnitude of approximately 5»100 Hertz, and 13*000 Hertz 
can be detected. 

The second test was made to determine if instability would occur 
when a bomb was detonated at a later time into the run. The 
bomb was detonated at 2.0 seconds and followed again by unstable 
operation. Unfortunately, during this second test the ASD system 
was not activated and a full 8 second test resulted. Thermal 
detonation of the Inserted bomb also was encountered with no 
effect on the combustion. The long time exposure to unstable 
operation (approximately 6 seconds) resulted in some scalloping 
at outer edge of the injector which is shown in Figure IX-25* 

Some damage also occurred to the vortex ring acoustic cavity 
entrance and the vortex ring lip which pilots into the chamber. 
The hardware was readily repaired and testing resumed. 

Maximum overpressure in the acoustic cavities ranged from 334^ 
to 396 ^, and in the chamber from ll8^ to 135^* 
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The time of the first bomb detonation and the resultant 
instability is shown on an oscillograph reproduction in 
Figure IX-26. Figure IX-27 is a temperature/time history of 
the acoustic cavity gas temperatures during the unstable 
operation. A noticeable change in the temperature time history 
is seen at the 2 second duration po- t where the initial bomb 
was detonated, 'flie erratic behavior of thennocouple jfT 
•■o €ui open circuit. The temperature transition from stable to 
unstable operation appears to be quite rapid from L.iese traces. 
Interestingly, although the temperature traces close to the 
combustion (Ntunberr TC-6 and TC-11) both accelerate quite rapidly 
the stabilization appears to be below temperatures measured 
during stable testing. 

4. Test Results - Series 4 (Test 45741 

The fourth test series was to be conducted with an acoustic 
cavity configuration with IT open area and 15* 6$^ 3T/1R 

open area. The first test oF the series went unstable at the 
first bomb detonation and ther testing was negated. Unfor- 
tunately, this run also c ,*ed in an unstable mode as the 
ASD was set to high (40 psi) to be triggered by the chamber 
pressure oscillations (P^30 psi) Figure IX-26. Consequently, 
the engine operated for 8 seconds, at which time a timer limit 
circuit terminated tiie run. 

One obvious implication from this test was that the pressure 
peaks were reduced when some IT (7.Bj^ open area) cavities were 
Incorporated. This data was compared to a prior test where the 
ASD circuit was actuated by the instability noted when no deep 
cavities were used. 

Again, some damage was noted at the outer edge of the injector 
but repairs were readily made. Detonation over presrurc in 
the acoustic cavity ranged from 197 % to 414^6 and at th; chamber 
measuring points hrom 98 to 19S%‘ 

The thermocouples in the acoustic damper will also be monitored 
for this test and a comparison made with the next stable test. 
This chart is shown in Figure IX-29. Somewhat surprisingly, 
the cavity temperature appear to be lower than on stable tests. 

No real explanation has been given for these lower temperatures, 
especially observing the erosion on the periphery of the injector 
Speculation would predict that some mixture ratio shift is 
probably occurring arid that i ore fuel is being brought into the 
local areas of the thermcc ^jpl<!.': . 
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5. Test Results - Series 5 (Test 4575) 

On the fifth tesc series, the IT cavities were again opened up 
to 11. 65^ open area and the test objective concentrated on a 
reduced 3T/1R area to 3 -956. One test was made with 5 borib 
detonations. The test was stable and there was no noticeable 
effect on stability characteristics with variations in acoustic 
cavity gas temperature. The gas temperature ranged from ^890 "f 
to 158 o°F at the time of detonation of bomb 1; from 1955"F 
to 2840° F at time of detonation of bomb 2; and ranged from 
188 o°F to 2795°F at time of detonation of bomb 3. All recovery 
times were less than 5 ms. 

Maximum bomb overpressures in the acoustic cavity ranged from 
410$^ to 521?^ and in the chamber from 1355^ to 231^. 

6. Test Results - Test Series 6 (Test 4576) 

The sixth test configuration further reduced the 3T/1R area 
to 0, with 11.6515 open area IT. One test was made with 3 
bomb detonations. The test was stable with all three bomb 
recoveries made in about the same time for period. The gas 
temperature time history is shown in Figure IX-30. All recovery 
times were less than 5 nis. 

The gas temperature ranged from 1200°P to 1700°F at the time 
of detonation of bomb 1; ranged from 1900° P to 2080°F at time 
of detonation of bomb 2; and ranged from 228o°P to 2750°F at 
time of detonation of bomb 3« Acoustic cavity thermocouple #7 
was not recorded in the closed-off 3T/1R cavity. 

Maximum overpressure in the acoustic cavity was 3195^ (second 
high frequency instrument removed), and in the vchamber ranged 
from 155^ to 21855. 

C. Acoustic Cavity Gas Temperatures 

Acoustic cavity gas temperatures generally showed large 
variations from test to test and from cavity to cavity. In 
general, the thermocouples near the entrance to the cavities 
(//€ and #11) were liigher than Uiosc inside the cavity (#? and 

h). 

A comparison of an unstable run with a stable run (Figure lX-29) 
shows a more rapid rise in temperature during unstable oia ration 
with temperatu’^e overshoots near the beginning and end of the 
test. 

A temperature comparison at the 4 second time point Indicated 
a lower gas temperature by 400-500° F at the acoustic cavity 
entrance during unstable operation, but a higher gas temperature 
at the midpoint of the deep cavity. 
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TEMPERATURE COMPARISON 


Data Thermocouple 
Point Numbers 
Sec. 


Unstable 
Test ( 4574 ) 
®P 


Stable 

Test ( 457 i) 


2 

2280 

1950 

6 

2200 

2620 

7 

1700 

2040 

11 

2275 

2780 


D. Conclusions Resulting From Tests 

The test results obtained have been plotted in block form in 
Figure IX- 31 * The primary result of this series is that 
instability results as the cavities are shortened and the area 
of IT significantly reduced. There did not appear to be a 
significant relation between the cavity temperature and the 
ability of the cavity to stabilize. The following items are 
considered the primary observations resulting from these tests. 

• Minimvun open area appears 11 . or less 

• Cavity temperature effect is not obvious 

• 3 T requirement not demonstrated 
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X. TASK XIII - WSTP TEST AND ANALYSIS SUPPORT 


A group of tests to evaluate the performance of the ten inch 
diameter injector; a regeneratively cooled thrust cheuuber and 
a large area ratio nozzle were conducted at the White Sands 
Test Facility (WSTF) in October and November 1973 • The uncoolod 
stainless steel divergent nozzle (nozzle extension) was furnished 
by the NASA* WSTP, and was mounted to the Bell Aerospace Company 
regeneratively cooled thrust chamber with an uncooled adapter 
section. The test obj'ective was to define performance for this 
thrust chamber assembly at a simulated altitude of approximately 
100,000 feet with N 2 O 21 /MMH propellamts . Sub-obj’ectives addressed 
the performance variation with excursions of mixture ratio, 
chamber pressure, combustion length, helium saturated propellants 
and heated propellants. 

A total of 47 altitude test firings were conducted at WSTF using 
the 76.7 area ratio nozzle extension. Data are supplied for 
these tests as well as comparison with data from testing at BAG 
with a 15:1 area ratio nozzle extension and proj'ected to a 
typical OME vehicle nozzle envelope at an area ratio of 72. 7. 

These tests with N 0 O 4 /MMH propellants confirmed the BAG 
performance predictions which were determined by the JANNAP 
procedures. The WSTF data indicated a slightly higher perfor- 
mance (0.2?^) than predicted from the BAG data (Isp of 317 • 5 vs 
317*0 seconds). No noticeable performance differences were 
observed with increased chamber length (30 L* to 34 L*) or with 
helium saturated propellants versus unsaturated propellants. " 
chamber pressure variation resulted in a performance change of 
about 0.03/^ seconds I^/psi P,,. A detectable increase in per- 
formance of about 0.3^was also noted when propellant temperatures 
were increased. 

No combustion instability was noted during the test series and 
the proj'ection of maximum noz/.le extension temperature was lower 
than the original study value but almost identical to the 
temperature predicted from the 15:1 area ratio nozzle tests at 
BAG. 

Due to the use of uncooled hardware for the fuel vortex assembly, 
vaporization of the fuel in the vortex manifold resulted during 
the initial test sequences. Th‘‘s was attributed to heat soak 
back during the short "down times’’ used in the early series. 
Gha.iging this test sequence eliminated the problem which would 
not be encountered on properly cooled flight hardware. 
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A. Test Hardware 

The hardware used for this test program consisted of a 10 inch 
diameter triplet injector (S/N 2) utilizing acoustic cavities 
for high frequency stability and fuel vortex film cooling, a 
fuel regeneratively cooled thrust chamber, a NASA supplied nozzle 
extension and a bipropellant value. The hardware was designed 
for complete flexibility with all components bolted together and 
sealed with approriate seals. As shown in Figure X-1 subcom- 
ponents are used to provide the hardware interchangeability. 

A photograph of an exploded view is given in Figure X-2. 

The injector is an alijuninum, flat face design consisting of 
196 two fuel on one oxidizer triplet elements (Figure X-3}« 

A replaceable stainless steel acoustic cavity ring is located 
at the injector periphery and consists of 12 cavities, 8 designed 
for the IT frequency range and 4 designed for the 3T/1R frequency 
range (Figure X-4) . A stainless steel fuel vortex film coolant 
ring is used to provide uniform film cooling and serves also as 
an outer closeout for the acoustic cavities (Figure X-5) • This 
vortex ring contains I6 tangential orifices which distribute the 
fuel uniformly along the chamber wall. This vortex ring is 
supplied from the chamber outlet manifold with flow controlled 
by use of an orifice. 

A heat sink chamber length adapter is located between the 
injector and regeneratively cooled chamber to allow L* variation. 
The 10 inch diameter regeneratively cooled chamber consists of 
60 rectangular coolant passages with the inner wall and lands 
fabricated from 304L stainless steel (Figure X-6). The passages 
are closed out with electroformed nickel (Figure X-7). The 
combustion chamber length is 17*3 inches with a throat diameter 
of 5«787 inches and a contraction ratio of 3«1* The expansion 
ratio of the regeneratively cooled nozzle exit is 6. The thrust 
chamber was designed for the temperature profile given in Figure 
X-9. Channel sizes were designed for sufficient safety margin 
to meet the most severe o^f design conditions at a fuel inlet 
temperature of 100° F, ch-unber pressure of 112 psia and a mixture 
ratio of 1.85. The coolant liner and nickel closeout design is 
flight weight but the inlet and outlet manifolds are not, to 
allow a reduction in fabrication cost. The updated design of 
this chamber has resulted in reduced weight in both the liner 
and the nickel closeout. A second uncooled In face section 
was mounted to tlio aft thrust chamber flange* to allow the mount Inr, 
of the uncooli'd rio/.zle sccl.ion. The tbruc.t charn?/er/a'Jaf-t' r/ 
extcnsioti Mit.«Tfacc is r.iiowtj In Klgun' 

InsI.rumcrU.atloti pn iv I :: Ion:: liov been I ncorporatorj i,r- tb'* hardware 
to measure coolant inlet, atid oul,J(?t pressi.res and tempera t,ures, 
injector inlet pressures, and eiiamher pressure at tiie ac(;ustlc 
cavity region. 
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A complete summary of the regeneratively cooled chan:her arid 
injector design characteristics are given in Table I and II 
respectively with a hardware summary used in the test series 
listed in Tables III and IV. 

B. Test Facility 

The thrust chamber was tested at Bell Aerospace Compeny's Bell 
Test Center Facility prior to shipment and evaluation at Test 
Cell Area 401 of the White Sands Test Facility at simulated 
altitudes of about 100,000 feet. Testing at the WSTF was con- 
ducted with a nozzle area ratio of 76.7: 1» whereas at BAG the 
nozzle area ratio was 15:1. 

1. White Sands Test Facility 

A photograph of the installation in the White Sands Test 
Facility is shown in Figure X-]Dand a test cell schematic 
given in Figure X-11. Propellant tank capacities were 2000 
gallons for both the fuel and oxidizer. The altitude system 
was Initially pumped down to a pressure of approximately 0.1 
psia, and then a gas generator-driven ejector system pumped the 
capsule down to a pressure of 0.06 to 0.07 psia, equivalent to 
an altitude in excess of 100,000 feet. Facility pressure drops 
at rated flow conditions were 25 psi for the oxidizer circuit 
and 15 psi for the fuel circuit. 

Hirust measurements were made using a multi-axis measuring 
system with three axial dual bridge load cells for recording 
the main thrust. A general list of facility and engine 
instrumentation is given in Table V and a detailed list is 
provided in Table VI. The type of instrumentation and the 
quantities were similar to that used at BAG. 

The test operation was initiated with a vacuum pump evacuation 
approximately 2-3 hours prior to the actual test operation. 

The pre-fire engine test operation was completed with the 
assurance the engine was ready for testing. The gas generator 
driven ejector system was brought up to full operation, thus 
bringing the altitude cell to the final run pressure. 

Tiie OME countdown covered from TIO second until T+35 second 
and counted every second. 

The engine purges were Jnltlated at T‘> jujconrl on hot! rAdar,. 

At ‘JX’ the blpropc llant fire valv*. was ope-ncd and iiurglng 
stopi)ed. At shutdown t^ie (‘npjfic was. |iunpsJ for 15 ;;» • .ruis. 

Tins, prooedurt' was. iis,('(l t’n all tli(; r.cv'u'.r, . 
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TABI£ I 

DEMONSTRATOR THRUST CHAMBER DESIGN CHARACTERISTICS 


COMBUSTOR 


Contraction Ratio 3 

Length, Inches 17.3 


NOZZLE 


Regen Section Expansion Ratio 
Contour 

Nozzle Extension Expansion Ratio 


To 6:1 
Parabolic 
6:1 to 76.7:1 


COOLANT 

Circuit 

Number of Regen Coolant Chan-els 
Coolant Pressure Drop, PSI>^ 
Coolant Bulk Temperature 
Auxiliary Film Coolant 


60 

15 

120 

2.05^ of Total 
Propellant 


MATERIALS 


Hot Wall (0.050 inch) and Lands 
Cold Wall ( 0.050 inch) 


304l Stainless Steel 
Electroformed Nickel 


BeH AstHwpaeo Compatiy 


TABIE II 

INJECTOR CHARACTERISTICS 


Diameter, Inches 
Number of Elements 
Nxamber of Rows 
Type of Elements 

Oxidizer Element Diameter, Inch 
(Minimum/Max imxjm) 

Fuel Element Diameter, Inch 
(Miniraum/Maximum ) 

Number of Acoustic Cavities 

Mode Suppression 


10 

196 

7 

Triplet, 2 fuel on 
1 oxidizer 

0.0465/0.0492 

0.0276/0.0295 

8/4 

1st Tangential 

3rd Tangential, 1st Radial 
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TABLE III 

TEST HARDWARE FOR TEST SERIES 1 


DESCRIPTION 

P/N 

S/N 

QTY. 


Injector - Alumiraim 8693-473050-1 2 

Regen Chamber - Stainless Steel 8693-470205-1 1 

with Nickel Cover 


Vortex Ring - Stainless Steel 8693-473140-3 1 

(^= 3 - 1 / 2 ^) 

Acoustic Slot Ring - Stainless 8693-473133-1 2 

Steel 

Nozzle Adapter Ring-Stainless 8693-470228-1 1 

Steel 

Injector Mounting Ring - Stainless 8600-986330-1 1 

Steel 

Bipropellant Valve - Al/S.S. 8258-472225 65 

Accelerometer Block-Cemented to 
Upstream Side of Injector 

AP Transducer (B386061) - Used to 
Measure Vortex Plow 

Oxidizer Iine(l-l4” O.D. Tubing) 

Fuel line - Chamber Outlet to Inj. 

(1-1/4" O.D. Tubing) Includes 
0.619” Dia. Orifice 

Vortex Line (1/2" O.D. Tubing) 

Vortex Loop (1/2" O.D. Tubing) 

Includes a Turansky Valve and 
0.126" Diameter jrifice 

Fuel Line - Bipropellant Valve to 
Chamber Inlet (1-1/4" O.D. Tubing) 

Bipropellant Valve Flange 

Accelerometers 

Accelerometer Leads 

NASA Supplied Nozzle Extension 
(€=76.7) 

Pressure Test Hardware 

Nozzle Throat Plug - A1 8693-470027 1 

Injector Pressure Plate 8693-W0015-l 


1 
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TABI£ IV 

HARDWARE CONFIGURATION FOR TEST SERIES 2 


DESCRIPTION 

P/N 

S/N 

QTY. 1 

Injector - Aluminum 

8693-473050-1 

2 

1 

Regen Chamber - Stainless Steel With 
Nickel Cover 

8693-470205-1 

1 

1 

Vortex Ring - Stainless Steel 

{f~ 3 -V 2 ?<) 

8693-473140-3 

1 

1 

Acoustic Slot Ring - Stainless Steel 

8693-473133-1 

2 

1 

Nozzle Adapter Ring - Stainless Steel 

8693-470228-1 

1 

1 

1 vjector Jtounting Ring - Stainless Steel 

8600-986330-1 

1 

1 

Bipropellant Valve - Al/Stainless Steel 

8258-472225 

65 


Accelerometer Block - Cemented to 
Upstream Side of Injector 



1 

AP Transducer (B 3860161 ) - Used to 
Measure Vortex Plow 



1 

Two Inch Barrel Section 
Oxidizer Line (l-l 4 ” O.D. Tubing) 

8693-470023-1 

1 

1 

Fuel Line - Chamber Outlet to Injector 
( 1 - 1 / 4 ” O.D. Tubing) Includes 0 . 619 " 
Diameter Orifice 




Vortex Line ( 1 / 2 " O.D. Tubing) 




Vortex Loop ( 1 / 2 " O.D. Tubii.g) Includes 
a Turansky Valve and 0 . 126 " Diameter 
Orifice 




Fuel Line - Bipropellant Valve To 
Chamber Inlet ( 1 - 1 / 4 " O.D. Tubing) 




Bipropellant Valve Flange 
Accelerometers 
Accelerometer Leads 

1 

i 


NASA Supplied Nozzle Extension 
(€ = 76 . 7 ) 




Pressure Test Hardware 




Nozzle Throat Plug - A 1 

8693-470027 

1 

1 

Injector Pressure Plate 

8693-470015-1 

1 

1 
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TABLE V 

GENERAL INSTRUME^rTATION LIST 


NO. 

SYMBOL 

PARAMETER 


1 

• 

w 

"ox 

Oxidizer Flowrate 

2 

2 


Fuel Flowrate 

2 

3 


Duct Coolant Water Flowrate 

2 

4 

OFF 

Oxidizer Feed Pressure 

2 

5 

OllP 

Oxidizer Injector Inlet Pressure 

2 

6 

FPP 

Fuel Feed Pressure 

2 

7 

FCIP 

Fuel Chamcer Inlet Pressure 

2 

8 

FCOP 

Fuel Chamber Outlet Pressure 

2 

9 

Flip 

Fuel Injector Inlet Pressure 

2 

10 

PVDAP 

Fuel Vortex Orifice A Pressure 

1 

11 

PVIP 

Fuel Vortex Inlet Pressure 

2 

12 

PinJ. 

Chamber Pressure 

2 

13 

^InJ. 

Chamber Pressure (Close Coupled) 

1 

14 

F 

Thrust 

1 

15 

FLT 

Fuel Line Temperature 

2 

16 

PCIT 

Fuel Chamber Inlet Temperature 

2 

lY 

FOOT 

Fuel Chamber Oulld. Temperature 

O 

C 

18 

PVIT 

Fuel Vortex Inlet Temperature 

1 

19 

FI IT 

Fuel Injector Inlet Temperature 

1 

20 

OLT 

Oxidizer Line Temperature 

2 
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TABLE V (CONT'D) 
GENERAL INSTRUMENTATION LIST 


NO. 

SYMBOL 

PARAMETER ^ 

NO. OF 
PARAMETERS 

21 

OUT 

Oxidizer Injector Inlet Temp. 

1 

22 

VT 

Valve Temperature 

2 

23 

CH-T 

Chamber Ten 5 >erature 

13 

24 

PLG.-T 

Flange T^perature 

2 

-i-s. 

BIT 

Water Duct Inlet Temperature 

2 

26 

DOT 

Water Duct Outlet Temperature 

2 

27 

^NE 

Pressure - Nozzle Exit 

3 

28 

VAPL 

Valve Actuation Pressure - Low 

1 

29 

VAPH 

Valve Actuation Pressure - High 

1 
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BAG 6K QMS 

SHGI!^ r£CHKOU)GY SUPPORT PROGRAM 
FACILITY AKD ENGINE INSTRUMENTATION LIST 


MEASUREMENT 


NUMBER 

DESCRIPTION 

PANGE 

100 IP 

He inlet pressure fuel 

0-5000 psia 

1002P 

Hi reg out fuel 

0-2000 psia 

1005 .^ 

Lo reg out fuel 

0-500 psia 

100 

Fuel tank bottom temperature 

32 - 150 ’ F 

I006R 

Fuel up flow 1 

0-100 gpm 

1007R 

Fuel down flow 2 

0-100 gpm 

lOlOP 

Fuel FM inlet pressure 

0-500 psia 
32 - 150 ^ F 

lOllT 

Fuel ^ Inlet temperature 

1013P 

1014T 

Fuel FM out pressure 

0-500 psia 

Fuel tank end temperature 

32 - 150 ’ F 

lOl^T 

Fuel Interface temperature 

32 - 150 ’ F 

1020V 

Fuel p re valve command 

0-30 VPC 


Fuel tank pressure 

0-500 psia 

GXD537F 

Oxidizer tank pressure 

0-500 psia 

2-00 IP 

He inlet pressure Ox 

0-5000 psia 

2002P 

Hi reg out Ox 

0-2000 psia 

200 3P 

Lo reg out Ox 

0-500 psia 

2005T 

Ox tank bottom ‘emperature 

32 - 150 ’F 

2006 R 

Ox up flow 1 

0-100 gpm 

2007R 

Ox down flow 2 

0-100 gpm 

2010 F 

Ox FM inlet pressure 

0-500 psia 

2013P 

Ox FM outlet pressure 

0-500 psia 

2014P 

Ox tank erid temperature 

32 - 150 ’P 

2013T 

Ox incerface tenqperature 

32 - 150 " F 

2020 Y 

Ox prevalve command 

C -30 YDC 

3 OOIF 

Vert force lA 

0-3500 Ibf 

300 2F 

Vert force IB 

0-3500 Ibf 

300 3P 

Vert force 2 A 

0-3500 Ibf 

300^F 

Vert force 2B 

0-3500 Ibf 

3005F 

Vert force 3 A 

C- 3‘^0 Ibf 

3C06f 

Vert force 30 

0-3500 Ibf 

3007F 

tloTiz force lA 

0-200 Ibf 

300 3f 

Horiz force IB 

0-200 Ibf 

3009F 

Horlz force 2A 

0-200 Ibf 

301 OP 

Horiz force 2B 

0 - 2(.‘0 Ibf 

3013 F 

Horiz force 3A 

0-200 Ibf 

3C'12f 

Horiz force 3B 

0 - 2 v>c Ibf 

3013P 

Cal cell IH 

o-l^O'iO Ibf 


Vert force A total 

0-l'"noo Ibf 

3015T 

'^^OIP 

Load cel! temperature 

32 - 1 ‘, 0 ‘'F 

PUf'l interface pressure 

0-4 \ ' psia 

^ 02 P 

Oxid interface pressure 

')«4o ) psia 

U 003 P 

7/^ coolant in pressure 

0 - 3*'0 isia 

4004X 

Chamber pressure switch 

OPN/CLTIJ 


T/C coolant out pressure 

';- 30 ;j psia 

4006v 

Eng valve voltage 

’-3') VPC 

40-"^7T 

^008 

T/C coolant out temperature -1 
Vacant 


4oO'4 

Fuel injector pressure 

0-310 psia 

■iQlOF 

Oxid injector pressure 

psia 

40 UP 

Chamber pressure -1 (c-c) 

0-200 psia 

4012F 

Chamber pressure -2 

0 - 2. .0 psia 

4013 p 

^hamber pressure -3 

o-r >0 psia 

40l4x 

ISO A closed 

Ori/''FF 

40l‘jX 

ISO B closed 

0'^'' 4T 

4ol6X 

Prop A closed 

ON/'OFF 

4n?x 

Prop B closed 
Vacant 

OH ''OFF 

'401 

inacl Vortex ORF PE 

-1 fS t 

'i'''OCT 

Oxid injector tempo ratur« 

32-1 • V p 


Fuel injector temf'^rature 


n -2?x 

Vortex in pressure swlteh 

0> H *1111’ 

.,,^p "iT 

" coolant In terTferature -2 

1 r 


A open 
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TABI£ VI (COKT*D) 

BAC 6K QMS ' 

ENGINE TCCHHOLOCY SUPPORT PROCgAM 
FACILITY AND ENGINE INSTOUMENTATION LIST 


MEASUREMENT 

NUMBER 


DESCRIPTION 


RANGE 


A 03 IC 

^32C 

^033P 

403^T 

^035T 

4036T 

4037T 

i*03&T 

4039T 

40UOT 

4041T 

4o42T 

4o43T 

4044t 

4o45T 

4046t 

4047T 

4o48t 

4o49T 

405 OT 

405 IT 

4052T 

4053T 

4ot>4T 

4055T 

4056t 

4057T 

4058t 

4039T 

4o6ot 
4o6lT 
4062T 
406 3T 
4064t 
4065T 
4066T 
4o67T 
4068t 
4o6ot 
500 ip 

W2P 

500 3H 

EW7801F 

EQ 7802 P 

Ev.)50ir 

F:^o5iir 

»oox 

2011T 


ISO valveA current 
ISO valve B current 
Fuel vortex Inlet pressure 
Vortex Flange Top Temperature 
Vortex BLC temperature 
Vortex Plante bottom temperature 
T/C coolant In temperature -2 
T/C-noxrle flange temperature (-0) 
T/C coolant out temperature -2 
T/C*nozzle flange temperature (-90) 
sur * ( 0 , -8.0 in) 
surf 2 ( 0 , -7.0 In) 

‘ ■ 0, -4.25 in) 

0, -0.75 in) 

0, + 0.75 in) 

0, + 2.75 in) 

0, +5.0) 

90 , -7.0 in) 


Chamber 
Chamber 
Chamber surf 
Chamber surf 
Chamber surf 
Chamber surf 
Chamber surf 
Chamber surf 
Chamber surf 
Chamber surf 10 
Chamber surf 11 
Chamber surf 12 
Chamber surf 13 


Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 
Nozzle surf 


90 , 

90 , 

90 , 

90 , 

90 , 

, 90 , 

. 90 . 

on. 


90 , .4.25 in) 
( 90 , -0.75 in) 
( 90 , +0.75 in) 
( 90 , +2.75 in) 
( 90 . + 5.0 in) 
+9.S in) 

+10.4 in) 

+ 12.5 in) 


in 

in) 


+14. 

+ 18 . 

:^3 ini 

+60 In) 
+ 9.8 in) 
+10.4 * 
+12.5 
+14.3 


+18 
+31 in 
+43 in 
+60 in 


in) 

in) 

in) 

in) 


Nozzle exit pressure - 0 
Nozzle exit pressure - 120 
Nozzle exit pressure - 240 
Fuel injector purge 
Oxid injector purge 
Alt cell hi -Z L.L. 

Alt cell lo -Y L.L. 

AU cell lo -Z L.L. 

Engine fire switch 
Oxid FM Inlet Temperature 


0-5 ADC 
0-5 ADC 
0-300 psia 

32 - 300 ® P 
32.300 

32 - 300 * F 
32-300*F 
32-300*p 
32 - 300 *F 
32-300 '^F 
32-300*F 

32 - 300 * F 
32-300*F 
32-300 *F 
32-300^F 
32-300*p 

32-300 *F 

32-30O*F 

j2-300*P 

32 - 300 * F 
32 - 300 * P 

32-300*p 
32-300“F 
32 - 2000 *F 
32-2000*F 
32-2000*F 
32 - 2000 *F 
32 - 2000 * F 
32-2000* P 
32 - 2000 *F 
32 - 2000 *F 
32-2000*F 
32 - 2000 *F 
32-2000*F 
32-2000*F 

32 - 2000 * P 

32-2000*F 
32-2000*F 
32 - 2000 *P 
0 - 0.5 psia 
0 - 0.5 psia 
0 - 0.5 psia 
0-300 psia 
0-300 psia 

0-15 psia 
0 - 0. 5 psia 
0 - 0*5 psia 
ON/OfT 
32-150" F 
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BsN Aerospace Company 


Propellafit flow started very nearly simultaneously. An 
oxidizer lead was assured by the proper design of volu];.es 
and resistances downstream of the bipropellant valve and 
the facilities volumes and resistance upstream of the bii re- 
pellant vulve. The oxidizer lead was generally about 1 
milliseconds. 


The tesc were automatically terminated after tlie prodet er;:i;uni 
duraniop by removing power from the bipropellant valve. 

During t.-.e purge cycle, the propellant tank pressures were 
reset to the predetermined levels for the next test. Tiie tir.e 
required for each test was between 30 and 120 seconds, the 
variation generally depended upon the magnitude of the tank 
precsure change. Following the last test of a sequence, the 
engine y? 3 purged as before. On completion of the purge, rhe 
alt ltudi :ell isolation valve was closed and the hyperflov/ 
stfc-.m ger orator system shutdown. The altitude cell pressure 
was hen returned to ambient by bleeding in gaseous nitrogen. 

C. Tc St Program 

The test program consisted of a total of hj tests with 
1) two viriations in chamber L*; 2) aunbient and hot propellants; 
3) uns: turated and helium saturated propellants; 4) variations 
in chai. ber pressure and mixture ratio. The program was completed 
in two scries, the first with the 30 L* chamber configuration, 
and the second with a 3^ L* chamber configuration (utilizing a 
2-inch spacer between the injector and chamber). Majority of 
the tes :s were of 8 seconds duration, with two shorter duration 
tests c.' ].,> and S.O seconds for checkout purposes and one 2'> 
second durai;lon t*^ t to verify thermal equilibrium. A generai 
suirjTiary of i,he test series including the various sequences is 
listed :.n fable VII. 

The test S;tup was similar to that utilized at BAG where a high 
fuel vortex flow (4.1^) was initiated on start and then reduced 
to a low vertex flow (1.9^) for steady state conditions. This 
was accomp] is 'ned througn a switching circuit at 2.9 seconds into 
the test utilizing externally supplied dual orifice arrange- 
ment to t)ie fuel <^ilm coolant vortex manifold. 

In addition to „ne vortex flow checkout tests and the long 
duration los' with the 30 L* chamber, one sec^uence of 10 t-sts 
was conduct i with unsaturated propellants and one se luence 
of 10 tes-' ; was conducted with helium saturated propellants. 
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SUMMARY 


CONDITION 
3 OL* - Checkout 

30 L* - Unsaturatoo. Fro'. ■■ L] d • ’ . 

P - M/R Variat:io-.3 
c 

3 OL* - Saturated Proj: ellant r 

- M/R Variations 

20 Sec. - Unsaturated 
Propellants 

3 OL* 

34l* - Unsaturated Propellant s 
P^ - M/R Variation 

34L* - Unsaturated Propellants 
104°P - Fuel 
94 ° P - Ox 

3i4L* - Saturated Proit-llants 

- M/R Variation 



BeH Aerospace Company 


Three sequences of 8 tests each were conducted with the 3- 
chajnber. They were with unsaturated propellants, hot prot. el- 
lants, and helium saturated ambient temperature propellants. 

The first ^est series, first sequence, was originally planned 
to consist of a l.h second, 5*0 second and 12.0 second test, 
but was reduced to the first two tests wheti problems were 
encountered with the AP vortex transducer. The problem was 
improper instrumentation set up which was corrected for 
subsequent testing. 

The first series, second sequence, was planned to consist of 
ten- 10 second tests, but was modified to two-10 second tests 
and eight-8 second tests. The eight second tests were incor- 
porated to conserve altitude cell propellants. The eight second 
tests reduced heat applied to the nozzle extension, thus allowing 
a reduced down time between tests. 

An additional test time change was incorporated when the data 
showed the chamber pressure reading was drifting during tests 
through 10 of the first series, second sequence and that 
the vortex AP instrument was erratic. The hypothecis forwarded 
related to vortex manifold fuel "boiling" and was attributed to 
the short coast maximum heat input to the manifold. Based on 
the evaluation of these tests the following cnangec were made: 

1. The test series was reduced from 10 to 8 tests. 

2. Four tests were made per steam time. Each 
series consisting of one 10-second and three 
8-second tests. 

3. Data review after the four tests limited the 
restart to a 250° F hardware temperature on the 
test hardware. 

All subsequent test series were made in this fashion except 
for the one 20 second duration tost. No subsequent vortex 
fuel pressure fluctuations were noted in the balance of the 
testing. 

D. Test Results 

The test conditions and steady state data summary for the 
White Sands Test Facility tests conducted on t>ie Bell Aerospace 
Company regenera lively cooled thrust chamber are summarized in 
Table VIII. A total of ^^7 tests were conducted for a cumulative 
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TABLE VZIZ 

6k oms regen chamber 

ALTITUDE TEST SUMMARY AT WSTP - lO/g? 


TO 11/g/ 


Dur, 

Data 

Pt. 

®corr 

R 

e 

C* 

corr 

T?c* 

^test 

€-‘?^7 

I 

®Poom 

Of 00 

^»Poo 

^spooL 


Sec 

Psla 

0/F 

% 

Ft /Sec 

V 

€-76.7 

€-76.7 

€- 76.7 

€-72.7 

€- 72 .? 

1.6 

1.3 

121.6 

1.494 

*.53 

5628 

98.7 

503 

312.1 


1.784 


_ _ 


4.5 

119.3 

1.541 

2.01 

5621 

98.6 

5498 

313.6 

— 

1.795 

1.805 


- * 

10.1 

7.5 

122.7 

1.612 

1.93 

5617 

98.3 

5718 

315.2 

316.29 

316,1 

3’ 6 . 75 

8,0 

7.5 

126.2 

1.^95 

2,02 

5621 

98.9 

5839 

313.9 

313.89 

1.797 

31 *. 8 

314, S6 

8.1 

T.5 

133.9 

1.463 

2,02 

562 ** 

98.3 

0OJ 

313.8 

313.09 


31*. 7 

313.93 

8.1 

7.5 

133.9 

1.619 

1.92 

5641 

98.7 

6238 

317.1 

316,35 

318.0 

317.15 

318,37 

8.1 

7-5 

IS'*.* 

1.729 

1.79 

5641 

98,6 

6289 

318.5 

317.72 

1.916 

319.4 

8.1 

7.5 

125.6 

1.729 

1.73 

5628 

98.5 

5874 

317.7 

317.73 

1.816 

3:>^.6 

318.33 

8.1 

7.5 

116.5 

1 . 7*5 

1.65 

5619 

98.5 

5442 

316.8 

317.72 

1.814 

117.7 

318,23 


7.5 

116,3 

1.630 

1.66 

5631 

98,6 

5401 

315.8 

316.74 

1.804 

316.7 

317.26 

8,1 

7.5 

116.6 

1.516 

1.77 

5629 

98.9 

5392 

313.7 

314.60 

1.793 

314.6 

315.26 

10.1 


123.3 

1.648 

_1,63 . 

5658 _ 

99.0 



_ 316.87 

1.^3 . 

316.1 _ 

317.56 

10.1 

7.5 

l2^.^ 

l!5o$ 

1.95 

5657 

99 ! 5 
98.9 

5706 

316.0^ 


1.79? 

516,7 ^ 


i_8.1 

7.5 

125.3 

l.*72 

2.03 

5620 

as? 

312.9 

313.12 

1.791 

31 *. 0 

314,02 

8.1 

7.5 

132.9 

1.*63 

2.05 

5624 

99.0 

313.4 

312,72 

1.793 

1,802 

31 *. 3 

lll:U 

8.1 

7.5 

133.8 

135.5 

1.619 

1 . 9 * 

5663 

98.8 

6224 

316.7 

316.05 

317.7 

8.1 

7.5 

1.735 

1.85 

5o4o 

98.6 

6294 

318.6 

317.90 

1.818 

319.6 

318.0 
31 ." 40 

8.1 

7.5 

126.2 

1.72* 

1.82 

5629 



318.1 

317,76 

1.818 

318,7 

8.1 

7.5 

117.2 

1.739 

1.76 

5616 

98.4 

3 x 6.6 

317.29 

1,814 

317.5 

318.00 

8.1 

7.5 

115.8 

1.602 

1,81 

5634 

98.8 

5358 

315.0 

315.91 

314.20 

317.23 

1.799 

315.9 

316.60 

8.1 

7.5 

115.3 

1.*83 

1.87 

5629 

98.2 

5333 

313.2 

1.790 

1.606 

31*. 2 

317.6 

31 *. 94 

10.1 

hi 

123.2 

1.637 

1 . 7 * 

5645 

58.8 

57_25 

316.8 

317.39 

\2o7T~ 

7.5 

125.4 

1.622 

Tt94 

5^15 

562 a 

Ib:s 

5755 

"SWlT™ 


t;§M ' 


"Srs 38 


9.5 

123.3 

1.620 

1.94 

98.5 

5737 


316.48 

1.803 

1.811 

316.4 

31^60 



121.8 

1.618 






316.40 

J16.00 

10.1 

7.5 

126.5 

i.ois 

1/93 

5653 

98.9 

50/0 

W.T 

jlo .51 

ijssr 



8.1 

7.5 

126.5 

l.*22 

2,09 

5617 

99.1 

5814 

311.7 

311.50 

1.785 

312.6 

312.34 

8.1 

7.5 

135.6 

1.610 

1.95 

5649 

98.1 

6315 

317.0 

315.90 

1.806 

317.9 

316,61 

8.1 

7.5 

135.4 

1.820 

1.79 

5640 

98.7 

6366 

319.5 

3ll*7 

1.823 

320.4 

319.00 

10.1 

7.5 

114.5 

1.630 

1.94 

5634 

98.7 

5305 

315.4 

316.60 

1.799 

316 .? 

317.35 

318.94 

8.1 

7.5 

114,8 

1.860 

1.78 


98.7 

5369 

31 T .5 

318.38 

1.818 

318.4 

8.1 

7.5 

125.4 

1.830 

1.80 

98.8 

5873 

318.6 

318.50 

1.818 

319.5 

319.06 

A} 

hi - 

125.9 

1.615 

1.J95 

509 

52*2- 

6840 


316.79 

1.802 

317.8 

317.48 

10.1 

7.5 

125.5 

1.591 

1.97 

509 S 

99. 

5635 

315.8 

31076 


517 .? 

510,60 

0.1 

7.5 

126.3 

1.414 

2.10 

5629 

99.3 

5814 

312.3 

311.35 

1.785 

313.2 

3ir,.-0 

8.0 

7.5 

136.1 

1.600 


5670 

99.2 

98.8 

6339 

318.1 

316.21 

1.805 

319.0 

316.87 

8.1 

7.5 

135.5 

1.806 

1.82 

509 

6371 

320.1 

318.29 

1.823 

321.0 

318.82 

10.1 

7.5 

114.3 

1.615 

1.96 

5653 

99.0 

5290 

315.8 

315.93 

1,797 

316,7 

316.65 

6.1 

7.5 

114.3 

1.798 

1.83 

5647 

99.1 

5325 

31 T .9 

318.04 

1.8X1 

318.8 

318 . 6 a 

8.1 

7.5 

125-3 

1.810 

1.83 

503 

99,2 

5860 

319.3 

318.43 

3^4- 

1,814 

320.2 

318.99 

8.1 



1.6o4 


§^74- 



1.^800 

i3 . 1 

' S.l 

7.5 

7.5 

1 ^ 6.5 

125.2 

“OTT 

l.*07 

1 .^ 

2.12 

566B 

5612 

99,2 
99.0 , 

5845 

5749 

31 S .4 

310.6 

317.11 

310.52 

1.781 

Ints 

311.5 

^?!7o 
311 . *9 

8.1 

7.5 

135.8 

1.616 

1.95 

5664 

99.1 

6316 

317.2 

316.10 

1,802 

318. 1 

316.78 

8.1 

7.5 

135.7 

1.805 

1.80 

502 

98.9 

6369 

319.5 

318.45 

1.819 

320,4 

318.95 

! 10.1 

7.5 

113.7 

1.597 

1.98 

505 

98.7 

5243 

313.3 

316.53 

1.789 

1.807 

31*.2 

31*. 13 

8.1 

7.5 

113.7 

1.803 

1.83 

5638 

98.9 

5287 

316.7 

317.70 

317.6 

318.23 

B.i 

7.5 

125.5 

1.815 

1.83 

5671 

1 99.3 

585 * 

319.0 

318.89 

1.810 

319.9 

319 . *3 

8.1 

r.5 

125.0 

1.631 


5659 

1 99.0 

5802 

316.5 

316.52 

1.800 

317.4 

317 .I 8 


Pc correction factor O .981 
Normalized to Pc«125 nominal propellant temp. 

Normalized to 1,9^ ^ film cooling and Pc«i25 psla^ unsaturated and nominal propellant temp 


Max 

**? 






Net 

Regen 

Chamber 




Max. 

Fuel Tem{ 

Jaelcet 


Teat 

•P 

Rlae 

dP 

L* 

Condition 

80 

3.2 

ir.7 

30 

Checkout 

357 

99.6 

114.3 

16.1 



C^ekout 

507 

15.2 



Uhaat. 

920 

1072 

110,0 

106,6 

17.2 

21.0 



MsO^/tWH 

1226 

117.5 

16.0 





1318 

123.8 

13.7 





1332 

127.9 

12.0 





I 3 O 6 

132.0 

10.8 





1292 

126,0 

12.1 





1249 

119.0 

15.1 

T 






157 1054 
155 1027 

161 1088 
172 1233 

176 1290 

; 179 1206 
176 1287 
171 1291 


178 2090 
172 1754 
184 1951 
178 2021 


209 1137 
203 543 

208 947 
203 1018 


! 174 898 
182 1933 
' 196 1886 
198 601 
201 982 
196 1021 

191 1140 






Prop- 
He Sat* 
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duration of 375 seconds. Chamber pressure ranged from Il4 psla 
to 136 psia and mixture ratios (0/P) from 1.4l to 2.12. 

1. Transient Characteristics 

The start and shutdown traiis> Lents of a thrust chaunber depend 
on valve design and sequencing, engine and facility flow 
resistances and volumes, ambient pressure and level of steady- 
state operating conditions. A typical start transient for the 
engine is shown in Figure X-12. 

The oxidizer injector pressure shows a gradual rise xuitil the 
fuel reaches the injector, auid then a rapid rise as the injector 
orifices flow fully. The incipient oxidizer pressure rise pre- 
cedes the fuel pressure rise by approximately 400 milliseconds 
and is attributed to the vaporization of the oxidizer, which 
has a high vapor pressure. There was no significant over pres- 
sure in chamber pressure and the start transient was gradual. 

When the bipropellant valve closes the fuel, oxidizer and 
chamber pressures start to decay simultaneously (Figure X-I 3 ). 

The injector/thrust chamber combination tested at WS' ' demon- 
strated safe starts euid shutdowns over a range of propellant 
inlet conditions using a bipropellant valve. 

2. Stability Characteristics 

There was no high or low frequency instability recorded over 
the steady-state operating ranges of chamber pressure and mixture 
ratio with N 2 O 4 /MMH propellants. The damping configuration con- 
sisted of acoustic cavities without baffles to maintain stable 
operation. Accelerometers were installed on the upstream side 
of ^he injector-to-monitor loads in three mutually perpendicular 
axes. Typical loads of less than 20g*s were noted at start and 
no significant loads during steady-state operation. 

WSTP Test Data 


The raw test data was plotted in Figures X-14 through X-20. 

The graphs attempt to show comparisons of 30 L* and 34 L* 
(Figure X-1), unsaturated and helium saturated propellants 
@ 30 L* (Figure X-15), and @ 34 L* (Figure X-16), ambient 
and heated propellants at 34 L* (Figure X-I 7 ), and chamber 
pressure effects at 30 L* and 34 L* (Figures X-18 and X-I 9 ). 

The data scatter is such that it is difficult to define a curve 
or curves for L* comparison, and for unsaturated and saturated 
I'ropell ants com}>ar 1 sons. Although th«^rc' Is scatter, trends 
are disci^niable I’or ambJont and heated profjcllarits, and chamber 
pressure effects (Figures X-I 7 , X-] 8 , and X-1';), 
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FIGURE 13 

SHUTDOWN TRANSIENT 
TEST 1 - 4-1 
29 OCT 1973 
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FIGURE X-15 

^STD (€*“76.7) vs R /- - 6K OME REGEN 

COMPARISON OF UNSAT. AND SAT. PROP. @ 30L^ 
AL INJECTOR S/N 2 
PROPELLANTS: N20i^/MMH 
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, FIGURE X-17 

IsPcx) (€= 76 . 7 ) vs Ro/f - 6K OME regen 

COMPARISON OP AMBIENT AND HEATED PROPELLANT 


AI INJECTOR S/N 2 


TEST DATA 


PROPELLANTS: NgO^/MMH 


D 

0^ 


©WSTF Series 2, Seq. 1 
L*=3^+» Amb. Prop 

0WSTF Series 2, Seq. 2 
L*-3^> Heated Propellant 
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FIGURE X-19 
WSTF DATA 





The data scatter is attributed to the normal difficulties cf 
setting up precise test point, and was further examined 'ey a 
normalization technique which is discussed in the subsequent 
section. 

Ihe initial series of tests conducted resulted in what was 
hypothesized as overheating in the fuel vortex manifold near 
the end series of 10 second tests. Since this overheating 
could compromise data, a single burst 20 second test was con- 
ducted to define steady state values and compare the data to 
the end 10 second test. The results of the 20 second test 
confirmed the original data and relieved any concern that any 
pulse performance was recorded due to the somewhat tmrealistic 
test sequence. An obvious byproduct of the test was the obtain- 
ment of more thermal data to predict temperatures of the nozzle 
extension (divergent nozzle). 

The regen chamber fuel temperature rise appears to be near 
stabilization within the 20 seconds as temperature rise 
varies from 113*F at 7.5 seconds to 119“P at 19. 5 seconds. 

E. Normalization of Test Data 


1. General 

It seldom happens that test data are obtained with such precision 
that parametric influences can be directly examined. Graphical 
plots of such data frequently appear to contain considerable 
random scatter which many times is associated with measurement 
error. 

A more accurate assessment of such data can be made if the data 
can be adjusted to a standard set of conditions prior to pre- 
sentation on a plot. Occasionally such correction formulas 
are available from purely analytical considerations. More often 
they are not and knowledge of them may actually have been a 
principal reason for conducting the test program in the first 
place. 

In the latter case proper correction formulas can be derived 
by applying statistical regression techniques. The procedure 
used for the WSTP test data was the development of a "best fit" 
expression to describe the influence of each variable upon the 
parameter of interest. A plot of corrected data was then 
developed as follows: 

lnd(!i>(iridiMi(. vaiMat)!*; for IJm- plot, wn:; :;ol'vr(,(;u (c.g. tnixt.uro 
raii(t). N(' cornTl.hjri ii; ap|)li<;«l for vari atj orir; in 1,hi;; variable 
since H is tin; influence of Uiis variable whlcti is t.o U<: 
graphically presented. 


A set of standard or n<»ninal conditions for the remaining 
independent variables was selected (e.g. etc.)* 

Each data point was adjusted to the n<»iinal conditions by 
using the regression equation to determine how the dependent 
variable changes when conditions are changed from those of the 
test to those selected as nominal. 

These were the procedures used to develop the plots in the 
present report. Generally the overall mixtiire ratio was 
selected, one was treated as s parameter. When plotting data 
on such plots the convention normally followed is to group the 
data within selected bands of one parameter and correct data 
to the nominal value associated with that band. 'Dius, for 
exan^)le, one may select Pq and Rq as the independent ^ilot 
variables end may elect to plot the influence parametrically 
at thiee levels such as 110, 120 and I30 psia. Test data 
obtained in the P^ range 110 ±3 may then be corrected to a 
of 110 before plotting. Tests in the range 120 ±5 are corrected 
to 120 and so on. 

In general the test data presented in this report have been 
corrected to the following conditions. 

Pe = 125 
^ = 1.9% 

Propellant Temperatures = Ambient (75 ±10® P) 

In one case a plot is presented comparing the BAG test cell 
IBN data with WSTP data. Data from IBN were obtained with a 
15/1 area ratio nozzle. Those at WSTP were for ei € = 76.7/1* 

In this case one must pre-correct data for one geometry to 
operation with a nozzle of the other geometry or must correct 
both sets of data to a third nozzle configuration. The latter 
course was selected and all data were analytically pre-corrected 
to a nozzle configuration having an £ =72.7/1 and a length equal 
to 59*1 inches. This geometry was considered typical for Space 
Shuttle applications. 

2 . WSTP Test Data Normalized 

Vifhen the WSTP test data were normalized and plotted, the effects 
of the test variables became more apparent and data scatter was 
significantly reduced. On the various graphs, the nominal curve 
is based on the 45 tests normalized to 125 psia chamber pressure 
and ambient propellant temperatures. The I .5 second and 5*0 
second tests are not included because of their short run durations. 


X-37 



A ccNBparison of Figure X-20* where 5 of the 4? WSTF tests are 
plotted after being lujrmalized, and Figures X-l» X-2, and X-3 
(data not nonoalized) illustrates the reduction in data scatter. 

A conqparison of normalized unsaturated and saturated data 
indicated that the effects of helium in the propellants is 
insignificant and that these results compare well with the 
nominal curve which includes all test data (Figure X-21) . 

fflie effects of L* variation appeared to be insignificant over 
the range of test conditions and indicated the insensitivity 
of the triplet injector design to L*'s between 30 and 34 
inches (Figure X-22) . 

The effects of propellant temperature were significant as shown 
in Figure X-23 where heated propellant tests are compared with 
ambient propellant results for the 34 L* chamber at a chaoiber 
pressure of 125 psia. At a mixture ratio (0/F) of 1.65 the 
gain in performance was 0.83 seconds of inqpulse or 0 . 27 ^ when 
oxidizer temperature is raised from approximately 75" F to 94" F 
and fuel is raised from 75"F to 104®F. 


Chamber pressure effects were also significant as shown in 
Figure X-24 where 125 psia data is compared with 135 psia euid 
115 psia data. Both 30 riband 34 L* data were used since there 
was no significant perfQ.Jiance difference between them. Ihe 
test data points for cych chamber pressure range ( 115 t^*^> 
125±^*5, 135 *^*^) were normalized to nominal values 1*3 
2.3 2.l' 

of 115» 125 and 135 psia in the plot and the curves for 115 
psia, 125 psia and 135 psia are based on test data in those 
ranges. At a mixture ratio 1.65# the specific Impulse for the 
three chamber pressures varied as follows: 


Nominal 


Pc 

Psia 

Ibj. - sec 

sp 

Ib^-sec 

% 


Ibm 

Ibm 


135 

317.8 

■K).9 

+ 0.28 

125 

316.9 

- 

- 0.28 

115 

316.0 

- 0.9 


This indicated that a 10 psi increase or decrease in chamber 
Tiressure from the nominal would result in a Iticroar.'.' or 

d«;creaso in lm|)U],::(’ |)'irformanc(; rcspectivf^ly. 
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The I, 


in Table VIII was normallr:ed to vsla 


®Poo N (C=76.7) 

chamber pressure and nominal propellant temperature In accord- 
ance with the following equation: 


= 180 + 0.093 +0.83 (Hot) 

®Poo N (€ =76.7) 


+ 137.267 - 37.18 


where: P = Total chamber pressure at entrance to nozzle 

cc 

= Overall propellant mixture ratio 

Adjustments to the values in Table VIII for chamber pressure and 
propellant temperature can be made as follows: 


For use A from 125 
cc 

For hot propelleints use factor of 1.0 


WSTP and BAC Data Comparison 


One of the original objectives of the WSTF test program was 
to obtain direct data comparison between facilities, in this 
case the BAC altitude test cell IBN and the WSTF facility. Tests 
were to be conducted at WSTF with the g =15 nozzle so that the 
direct data comparison could be made. Unfortunately 
these tests were not conducted, and the comparison was made 
on the basis of a JANNAF extrapolation from the 15 to 76. 7£ 
nozzle. 


Comparisons of the WSTF data and BAC data were made and per- 
formance values analyzed by means of a multiregression correla- 
tion analysis. The influence coefficients were determined for 
chamber pressure, mixture ratio, propellant saturation, propellant 
temperature, chamber L* and vortex flow. Performance was 
normalized for a chamber pressure of 125 psia, chamber L* of 30, 
1 . 9 ^ vortex flow, unsaturated and nominal propellant temperature. 
The specific Impulse versus mixture ratio corrected to vacuum 
operation and nozzle area ratio of 72.7:1 is shown in Figure X-25. 


The normalization was accomplished by using the derived corre- 
lation equation of the test data; 
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6K OME REGEN CHAMBER 
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I Corrected to Vacuum Operation and Area Ratio 72.7:1, 
Normalized to 125 Pc» 30 L*, 1.95^ Film Cooling, Unsaturated 
and Nominal Propellant Ten 5 )erature - NgO^/MMH Propellants 
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= 189.5 + 0.073 L* - 117.2/? + 0 . 0 <‘-^ F,, 

(€ =72.7) „ r 

+ 0.086 Sat + 0.85 Hot + 127.9 Rq 

- 3^.8 - 0.5 

° (IBN) 


where • 

Ro 

f 

L* 

Sat 

Hot 

IBN 


0 arall propellant mixture ratio 
Vortex flow percentage 

Total chamber pressure at entrance to nozzle 
Chamber size 

1.0 for saturated propellants 
1.0 for hot propellants 
Facility bias 


The WSTF data indicates somewhat higher performance over the 
mixture ratio range tested. At nominal conditions, the specific 
Impulse measured at WSTF is about higher th.m BAG values 

(Reference Figure X-26). Based on the data on both facilities, 
a specific impulse of at least 317 seconds is indicated at the 
nominal operating conditions of Pc «125 psia, Ro/f=1.6':j and 
^=1.9/^ in an 30 L* chamber, whereas WSTF data ind5c..te^ a 
specific Impulse of 317.5 seconds. These results are based on 
c* nozzle €= 72.7 which would be typical for Space Shuttle envelope. 

All Ispojj jj 7) table are normalized to 125 1.9^ 

film cooling, unsaturated and nominal propellant temperatore, 

50 L>‘. Changes can be made to any other conditions with 
following equation: 


^sp = + 0 -C 73 L* - 117.2^ + 0.09^ P^,^ 

+ 0.086 Sat + 0.85 Hot + 127.9 Rq - 3^.8 R^^ 

Example: for Sat propellants use factor 1.0 T+O.l sec.) 

for Hot propellants use factor 1.0 (-K).9 sec.) 
for r (use A, ex 115-125 - -10, -10 x O.O 94 = -. 9 ) 
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4. Thermal Data 


Thermal data taken during these tests included regen chamber 
fuel inlet and outlet temperatures, regen chamber back wall 
temperatures and radiation cooled nozzle extension temperatures. 
This data plus heat loads are summarized in Table IX. 

5. Regen Chamber Coolapt Temperature Rise and Heat Load 

The operating conditions and thermal data are also tabulated in 
Table IX. The fuel inlet and outlet temperatures were measured 
in their respective manifolds of the regen chamber. The bulk 
temperature rise of the coolant fuel was calculated from these 
parameters, and then multiplied by the fuel flow^pite through the 
jacket and the specific heat cf the fuel to determine the heat 
transferred to the fuel. 

The regen chamber fuel temperature rise for the 20 second test 
appears to be near stabilization within the 20 seconds as 
temperature rise varies from 113** P at 7-5 seconds to 119"P at 
19.5 seconds (Figure X-27) . 

The response of the coolant outlet temperature is shown in 
Figure X-29. At six seconds this temperature is approximately 
96515 of the steady state value of 186®P. After shutdown the 
temperature rises to 209‘*F before decaying indicating that 
considerable margin exists between measured temperatures and the 
design maximum backwall temperature of 600°F. 

In Figure X-28 the heat loads are plotted against chamber 
pressure for the 30 L* and 34 L* configurations. These data 
follow the variation with chamber pressure to the 0.8 power. 

The open symbols represent ambient temperature, unsaturated 
propel'’dnts; the partially closed symbols represent ambient 
temperature, helium saturated propellants; the fully closed 
symbols represent heated, unsaturated propellants. 

There was no significant effect on heat loads from either 
saturating the propellants with helium or heating the propellants. 
The mixture ratio trei.ds are generally in the same direction 
and data scatter is within plus or minus 6.5^. This latter fact 
may obscure trends that may be due to mixture ratio. 

The change in h* was accomplished by the addition of a 2 inch 
section at the nead end of the chamber. Thus the heat load 
variation in the regen chamber section, if any, could be 
attributed to the diminishing effectiveness of the film coolant 
resulting from the Increased distance of the regen chamber from 
the Injector. A comparison oC the 30 L* and 34 L* data (Figure 
X-2 ) indicated the heat loads were higher for the 34L* section 
at the higher mixture ratios, indicating a low degree of sensi- 
tivity in the range tested. 
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.. t»st l^od cosa^arison with the predicted Q for 

30 are somewlmt higher for the 34 L* as expected* 

• i' ^ this ia so« since the pre<licted value was based on a 30 L* 
'cfaajaber at •• 125 psia, Ro/f “ 1*65 and film coolent flow of 



: ^ l!he regenermtiveljr cooled back wall temperatures were measured 
to demcmstrate that steady state values are within the maximum 
requirement of 600® F. 

' ^Ifaximum s^ady<>state backwall temperature occurred at the 
s •^4'Vin5ec1a>r.^,-^e^ of the chamber and reached a value of 158®F during 
;P|$4 sa<:^ Haximnim heat soakback tejsperature also 

- ;:^j^curred at the injector end and reached a value of 265® P 

(l^&ttre X>29) confirming that considerabld margin exists between 
-maasured temperatures and the design maximum. 



sn Chamber Coolant Jacket AP 


She regeneratively cooled chamber coolant Jacket pressure drops 
are shown in Table IX» and graphically as a function of coolant 
flowrate in Figure X-30. Inlet and outlet pressures were 
measured in the chamber manifolds. 


A comparison of AP vs flowrate was made between unsaturated« 
helium saturated and heated propellants. No significant differ 
ence was observed. 


F. Conclusions 

Sufficient data has been generated at the White Sands Test 
Facility and at the Bell Aerospace Company test facility to 
draw conclusions on the performance^ thermal capabilities and 
stability characteristics of the BAG desired and fabricated OME 
regeneratively cooled thrust chamber/injector combination. 


1. Safety 

The engine demonstrated the capability of operating safely at 
both nominal design conditions and at off«rated conditions of 
mixture ratio and chamber pressure. Safe operation was demon- 
strated with both helium saturated propellants and with heated 
propellants. 


2. performance 

Measured performance data demonstrated specific impulse 
formance of >315 seconds with the£*= 76.7:1 test nozzle, based 
on the WSTP test data a specific impulse of 317.5 seconds is 
Indicated at nominal operating conditions of Pq *» 125 psia. 
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Rn/f * 1*65 Mid film coolant is 1.9^ In • 30 10 inch diimeter 

cntjDiiber, and a nozzle fitting the OME coa^artinent length. 

3» Heat Transfer 

Ihe hardware tes^eratures were substantially lower than 
expected, indicating higher safety factors. This would allow 
a reduction in the amount of film coolant which ntay result in 
higher perfozioance. The low nozzle temperatures suggest that 
a lower temperature material may be substituted for the nozzle 
extension or that the regen chamber/nozzle extension Joint may 
be relocated to reduce weight* ^e regen chamber bac^all 
temperature did not exceed 300^F during operation or after 
shutdown. 

4. Stability 

There was no incidents of combustion instability on the 47 tests 
operated over the chamber pressure range of’ 114 psia to I 36 
psia and mixture ratio (0/F) range of 1.4l to 2.12. Although 
no bomb tests were performed at WSTF, bomb tests were performed 
at BAG to verify a stable injector/thrust chamber assembly. 
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XI. TASK xir « miPigy imjsctor dynamic 
STABILITY ^mCATlOH 


This task ai^lifias the stability findings of l^sh XII by 
conducting additional analyses and stability testing on the 
full scale* 10 inch diameter OME type triplet injector. The 
task included: 1) modification of the injector to Incorporate 

Injector end fuel film coolant; and 2) changes In the acoustic 
cavity inlet configuration to evaluate its effect on damping 
characteristics. The available aluminum injector S/N 2 , building 
block acoustic cavity ring and test thrust chamber from Task XII 
were used. A new acoustic cavity ring adapter assembly was used 
to allow variations at the inlet. 

It m‘iy be noted that the change to film cooling of the injector 
was precipitated by c<»apetitive engine desi@is. Ihe Bell vortex 
cooling is unique and as a consequence presented some difficulty 
In correlation of stability test data with other investigators. 

Since this chamber vortex wall cooling is injected downstream 
of the acoustic cavity, significant differences in cavity temper- 
atures could be expected when different amounts and manner of 
coolant injection was added upstream of the cavity entrance. 

Needless to say, a secondary objective of the stability program 
became the consideration of the fuel film coolant on combustion 
stability. 

A. Design Definition 

The lO inch diameter injector was redesigned to include 48 
film coolant orifices equally spaced between the 48 outer 
triplet elements (Figure XI-1), and was designed for a film 
coolant flowrate of 2 ^ of the total flow at nominal test conditions. 
This design permits the use of a reasonable quantity of film 
coolant orifices compatible with the outer row spacing of elements 
and a reasonable orifice diameter of 0.0197 inches. The criteria 
for selecting the impingement angle of the fuel film coolant on 
the chsanber wall was to impinge as close to the injector end of 
the chamber as possible, but provide stream clearance for any 
desirable acoustic cavity entrance configuration. All previous 
stability testing conducted at BAG on the OME tjrpe injector 
utilized a fuel vortex ring with a small protrusion (lip) 
extending into the combustion chamber (See Sketch) . 
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Lip 


It was therefore considered practical to include a similar 
capability with the discrete fuel film coolant orifice configura- 
tion. Provision for a O.I30 inch lip with the BAG cavity inlet 
defines a 5 ® angle for th».' fuel film coolant orifices. This 5 “ 
angle also is sufficient to assure fuel stream Impingement on 
the chamber wall (without concern of splashing into the cavity 
inlet), for accommodating a Rocketdyne (RD) tapered acoustic 
cavity inlet (See Sketches). 



BAG Scoop BAG Scoop RD Inlet 

(Plush Wall) (Wall With Lip) (Flush Wall) 


The only design changes necessary to accommodate the above 
inlet configurations was a new acoustic ring adapter (Figure XI- 2 ) 
which includes replaceable cavity inlet inserts (flush and with 
lip) as shown in detail in Figure XI- 3 . 

The cavity depth and open area capability remained unchanged from 
the original configuration; with I.65 inches ;he maximum cavity 
depth and 23. 4 $^ the maximum open area with cavity dividers (lands) 
flush with the injector face. The acoustic cavl+y ring and 
replaceable inserts are available from Task XII with open area 
change capability in the circumferential direction. An additional 
set of depth blocks were provided. The following summarizes the 
depth and open area capability; 
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Depth (Inches) 

5? Open Area 

Cavity 

Available 
1 loj Block 

11.61 Available 

15. 6 j . 

Cavity 

Available 

Available 


Both flush and full fin acoustic damper cavity separators were 
also made available for test. 

The acoustic cavities had the same instrumentation as the 
Task XII effort, which included four thermocouples (one 
thermocouple in each of three IT cavities and one in a 3T "’R 
cavity) . 

B. Stability Bomb Configuration Evaluation 

With the incorporation of multiple bomb detonation techniques 
in a single test, the cost of the bombs as well as injector 
damage attributed to the bomb, is of increasing importance. 

The Bell test inj'ectors, being fabricated from aluminum, have 
been particularly subject to bomb damage. In fact, the initial 
bomb configuration (Figure XI-4) was originally developed to 
keep all shrapnel off the inj’ector face. 

Primarily due to cost, a bomb redesign was undertaken. Several 
ground rules were imposed, the first being that the bomb size 
should br. 6.9 grain and the second being the bomb would be used 
both for tie inserter und as stationary bombs. Some considera- 
tions in cost for the redesign were that the elimination of the 
machined casing or insulation, and retaining of a production 
detonator squib would be cost effective. In the final design, 
a molded insulation was used, but there were no available plastic 
detonator squibs so that a non-production unit was finally 
incorporated . 

\ test series with a group of bomb materials (Figure XI-5) 
was made to check on damage to an aluminum surface. Intexest- 
Ingly enough, it was found that the metal detonator was probably 
the most damaging, as though the casing materials absorbed some 
of the shrapnel momentum from the squib. The shrapnel absorp- 
tion was most noticeable with the teflon. However, the mateiial 
was hard enough to impose some damage on its own. 

Hie lowest damage on these tests appeared with the molded cork 
(Insul Cork) presenting the opportunity for molding the casing, 
as well as having a low damage quotient. By molding in a 
standard aluminum cap plug (Figure XI-6), a very inexpensive 
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casing was designed with the only machining and handling opera- 
tion being the drilled holes for the insertion of the detonator. 
This hole could also be molded on "subsequent parts but time and 
circumstances did not warrant this xefinement on the initial 
procurement. 

One additional cost saving procedure used in procuring the 
bombs was the testing and assurance of each charge. Original 
bombs were tested and rechecked for continuity and probability 
of detonation. Examination of past records, both in fabrication 
and test showed that bomb failures were al:;:ost negligible, at 
least within the record history of this fabrication. 

In addition, with the multiple bomb technique of testing, 
if one bomb was lost, the other detonations were considered 
normally a iff ic lent to evaluate the condition. With these con- 
siderations the testing after fabrication and assembly of the 
bomb was eliminated at a probable saving which would have doubled 
the cost of the bomb. Hie approximate cost for the final bomb 
was approximately $25 where the original cost was approximately 
$ 156 . The design of the bomb used in Task XIV and XV testing 
is shown in Figure XI-7- 

One final evaluation was made for the bombs, that is to monitor 
tests for both pulse strength and damage. Observations of the 
aluminum injector after Tasks XIV and XV showed the damage to 
be significantly reduced but not altogetheV eliminated. The 
strength of the bomb pulse did not appear to be affected as 
illustrated in Figure XI-8) . While the values of the recorded 
pressure for the bomb detonations are quite varied, the average 
pulse produced does not appear different for the two types of 
bombs evaluated. 

C. Stability Test Results 

The stability tests in this task were primarily designed to 
examined the entrance of the acoustic damper and its effect on 
stabilization. Experiments at other facilities on 8 inch 
diameter engine hardware had siiown suspe-cted effeets of the 
entrance geometry on stabilization. Also, tests in Task XII 
had indicated some devjat:iori from acc(q)ted theory witii stabil- 
ization in cavities operating well above tiio d<^ slgncxi t (Mtipcraiure. 
As a result, the test hardware was redesigned so that adjustments 
could be made to both the entrance size and shape. 

To ensure comparative data, the injector was also reworked to 
incorporate a fuel film coolant in the outer injector face ring 
(Figure XI- 2). The region of the acoustic cavity is shown in 
this figure where the adjustments in the damper and entrance 
could be made. The various arrangements examined are shown in 
Figure XI-9. 
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Mention should also be made of one parameter having particular 
importance and that is the overlap between the chamber and the 
O.D. of the injector, forming the inside diameter of the acoustic 
cavity. The center sketch of the Figure XI- 9 shows the tjT^ 
of installation tested in Task XII. Actually, the hardware had 
a greater overlap than shown here, but the film coolant became 
a very awkward arrangement if a smaller diameter were used. A 
simulated overlap was arranged in three other configurations as 
indicated by the sketches showing the injector extension. The 
complete list of tests conducted during this task is displayed 
in Table I. The results are plotted in a Pq/MR form in Figure 
XI-10. The following remarks will be to compare data for 
different hardware variable to examine their effect on stability. 

1. Fuel Vortex vs Fuel Film Coolant 

Figure XI- 11 is presented to compare the data obtained with 
the film coded and vortex cooled injectors. Unfortunately, 
like many experiments the data is tainted with two variables. 

The second variable in the test is the chamber overlap where the 
vortex cooled version had approximately .l8o inch overlap, and 
the film cooled unit .130 inch overlap. Since an overlap larger 
than .130 would have compromised the design of the film coolant 
orifices (by striking the lip at the 5“ wall angle drilling), 
the tests were conducted to show general conditions rather than 
compare only the difference between film '*nd vortex cooling. 

In retrospect, an experiment where be a i.- pes of ancillary 
cooling were blocked and an equal li. u;ed would have been 
interesting to evaluate. 

One very interesting observation was made in examination of 
frequences when instability was encountered on the film cooled 
experiments. Tne observation was that there appeared to be 
very little if any definable and sustained 3T/1R mode activity. 

In some cases, these frequencies viere observed but they appeared 
to be somoKh^t intermittent, and did not predominate as an 
established mole. 

The conclusi-cn cf experiment showed that more information 
was needed to coinnnre film and vortex cooling effects. An 
obvious uns-^ahlo condition due to the free fuel film at the 
acoustic damper c:itrance did not materialize. However, since 
the vortex cooling does allow a different head end protrusion 
configuration, the vortex cooled version appeared to gain points 
in the comparison. 

Figure XI- 12 is also presented to show that not only was there 
no startling differences in the film and vortex stability, but 
there also were no startling differences in the temperatures. 
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FIGURE XI- 10 

TASK XIV - TEST RESULTS 
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TASK XIV 


TEST RESULTS 



OBSERVATIONS 

f VORTEX COOLED CONFIGURATION SIGNIFICANTLY MORE STABLE 
THAN FIU^ COOLED CONFIGURATION. 

• DIFFERENCE IN STABILITY CHARACTERISTICS f^Y BE PARTLY 
RELATED TO GEOJffiTRY ( INJECTOR-CIiAMBER OVERLA.P). 

• NO APPARENT 3T/1R ACTIVITY IN VORTEX CONFIGURATION 


FIGURE XI-11 
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CAVITY TEMPERATURES FILM COOLING AND VORTEX COOLING TESTS 
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It could be argued that the lower thermocouple (2) represented 
a lower average cavity temperature. However, If anything, 
this should have produced a stabilizing effect which was not 
borne out by test. After examination of the data, it was 
concluded that there was no significant difference in the temp- 
erature of the acoustic cavity and very probablv a contributory 
factor in the little if any stability difference ati.ributed *-o 
the film cooled injector. 

2. Effect of Chamber Overlap 

The first three unstable tests conducted on this progra:. left 
little oubt that the entrance was important, and the chamber 
overlap a critical factor in stabilization. These tests also 
confirmed findings at other facilities which had been evaluated 
on different diameter hardware. Since the original overlap vias 
in the form of the vortex lip, the overlap was eliminated on 
the film injector work. Sir-^e this design produced unstable 
operati'^n, the next step was '.o expand the injector diameter to 
form a similar overlap. The test results of this experiment 
are shown in Figure XI-I3* The 10% IT open area was insufficient 
for stability but the 15.6$^ was stable with the vortex lip 
overlap. The 12,2% open area with th.’ expanded injector 
resulted in marginal stability. This 12.2% open area was 
limiting for this experiment, as a larger open area require 
a substantial hardware rework. 


Considering both above and the Task XII test results, another 
interesting speculation results in that with .l8o inch overlap 
11% open area was stable {7.^% unstable) and with .130 and 
.120 overlap, 11.6^ and 12.2% was marginal. ■ The obvious impli- 
cation is that o'^erlap and open area are related and should both 
be considered when extrapolating test results. 

3. Flush and Full Fin Damper Separators 

Testing to date on acoustic dampers has maintained the 12 
segment peripheral sections of the original investigators. 
However, the full separators were originally cut off at the 
injector face due to heat rejection and hardware configuration 
considerations. Since other investigators had tested the full 
fin type damper arrangem.ent, and there was concern relative to 
the effective length of the opening with and without the fin, 
comparative tests were made. Figure XI-14 shows the results of 
these tests where with the full fin baffle, stable operation 
was achieved with the minimum overlap over the chamber pressure, 
mixture ratio matrix. 


1 Mar/^j.nal In this case muanini' that .stabnit;/ v/as noi-ed at 
rated conditions and low chamber pressure- but the hi/di 
chamber pressure loan (high O/F) mixture- ratio eorid 1 1 i ori wa;; 
unsatisfactory . 
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TASK XIV - TEST RESULTS 

CHAMBER LIP VS INJECTOR EXTENSION 
(FIU4 COOLED) 



OBSERVATIONS 

• CHAMBER LIP NOT DEFINABLY MORE STABLE THAN INJECTOR EXTENSION 

t RECOMMENDATION FOR INJECTOR EXTENSION OF INCREASED OPEN ARE 
(PROBABLY REQUIRES LESS THAN A 15.6/7.8 1T/3T COMBO) 

♦ FIGURE XI-15 
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TASK XIV - TEST RESULTS 
FL USH FIN VS FULL FIN 



FLUSH FIN FULL FIN 

OBSERVATIONS 

t FULL FIN MORE STABLE THAN FLUSH FIN 

t DEGREE OF FULL FIN STABILITY INCREASE NOT OBVIOUS PROM DATA 


FIGURE XI-14 
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Reduced Entrance Size 

Aa experiment was also conducted to evaluate the reduction in 
area to the entrance of the acoustic damper. Originally, the 
concept was to increase the viscous resistance in this local 
area and/or to "tune" the entrance to the cavity width. Sinv^e 
the original hardware fabrication was conducted long before 
testing began, an arbitrary 1/2 width was selected. This 
entrance proved very unsatisfactory and in retrospect was pro- 
bably a poor test choice. Relating to the cavity width the 
.29 inch entrance opening was far short of the .49 inch width 
and probably afforded no tuning at all. 

One very interesting result was noted on these tests, however, 
that being the substantial increase in the 3T/1R frequency 
activity. Since this frequency was not sustained on any of 
the unstable tests with the larger opening, this increase in 
activity was of interest in that the opening appears to not 
only effect the amount of damping, but also the frequency at 
which it is recorded. Again, the limited funding of the 
program restricted further effort to examine other opening 
configurations. However, it is strongly suspected that by 
changing the opening, both damping and frequency are effected 
together. 

5. Comparison of Stable Configurations 

Two of the test configurations displayed stable operation over 
both the mixture ratio and the chamber pressure range. 

Of the two configurations, one had an overlap protruding into 

the chamber and the other had the extended injector diameter full fin 

damper combination. The test records of each configuration 

were examined to see if either configuration would display a 

greater statistical stability and therefore a direction for 

design. The test results shown in Pigure XI-I6 were used. 

For the statistical examination, the mean daunp time in (milliseconds) 
was used, as well as the CT (standard deviation) for each group. 


These values are as 

follows: 



Group 

Mean Damp 
Time M.S. 


F 

(Comparison 
of 0'’s) 

T 

(Comparison 
of Means) 

Chamber 

Lip 

5.2 

1.274 

2.19 

1.562 

Full Fin 

4.6 

0.86 
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TASK XIV 


TEST RESULTS 


REDUCED ENTRANCE SIZE 



; IT- 12. 2 
; 3T-6.1 
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iT-12.2 

3T-6.1 



REGULAR ENTRANCE 


1/2 SIZE ENTRANCE 


OBSERVATIONS 

• SMALL ENTRANCE DEFINITELY DESTABILIZING 

• SIGNIFICANT INCREASE IN 3T/1R FREQUENCIES IN 1/2 ENTRANCE TRACE 

• INTERIM ENTRANCE SIZE SUGGESTED AS A BETTER COMPROMISE 


FIGURE XI- 15 
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TASK XIV - TEST RESULTS 
COMPARISON OF STABI£ CONFIGURATIONS 



OBSERVATIONS 

• EXAMINED FOR SIGNIFICANT DIFFERENCES DUE TO CONFIGURATION - 
RESULT OF EVALUATION SHOW NO DIFFERENCE 


FIGURE XI-36 






The F and T critical values at 5^ were also calculated with 
the following results: 

^Critical @ 5$^ = 2.48 

''^Critical @ 5^ = 2.048 

Since the P and T values must exceed the F and T criiical 
values to indicate a significant differs, ce between groups, it 
was concluded that there was no statistically sigiiifioant 
difference in the chamber lip and full fin configurations. 

D. Conclusions Resulting from Task XIV Testing 

The result of these tests were considered quite informative 
in defining some areas affecting stability. Important to the 
damping is the chamber-to-injector overlap, open area, damper 
fin length and cavity entrance size and shape. While the 
program was quite successful in showing some of the interrelated 
damper design parameters, unfortunately all these variables 
could not be examined in depth to provide design data. To be 
more explicit the conclusions were as follows: 

• Pull damper fins are more stable 

• Chamber injector overlap entrance is more stable 

• Cavity entrance should not be restricted 

• Open area required is a function of entrance 
configuration 

• Fuel coolant film injected downstream of damper 
opening is more stable 
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XII. TASK XV - OME - 8 INCH TRIPLET 
INJECTOR OPTIMIZATION 


During the course of studies leading to the OME engine definition, 
designs had been considered at both the 6 and 10 inch diameters. 
The original Bell design used the 10 inch diameter triplet element 
injector as the least risk, most cost-effective approach to high 
performance. Other investigators elected smaller 8 inch diameters 
and required extended combustor lengths and/or pattern changes to 
achieve performance. In addition, some changes in performance 
were experienced with propellant temperature which did not appear 
with the triplet element design. 

Because of this apparent success of the 10 inch triplet 
configuration, an 8 inch injector triplet element injector 
design was undertaken to see if the design was also applicable 
at the smaller diameter. The objective of this task was to 
design, fabricate, and test an 8 inch diameter injector in an 
attempt to approximate the success of the larger 10 inch 
diameter test injector. 

Since the original triplet design was based on the best exper- 
ience information available, the 8 inch diameter injector 
presented a challenge as to which design parameters should be 
maintained; so that the single item try at the smaller diameter 
would be sufficiently successful to be representative of what 
might be achieved in a development program. To this end, a 
small scale injector parameter trade-off study was conducted 
before the design release. 

In addition to the performance design trade-off studies conducted, 
an additional requirement of the injector design was to ^it the 
interface of the 8 inch chamber interface design supplied by 
NASA-JSC. The test evaluation included performance, heat flux, 
and stability data utilizing a combination of new and existing 
hardware. A new injector and acoustic cavity adapter/acoustic 
cavity ring was provided with cavity configuration adjustments 
similar to that used on the 10 inch diameter injector. To 
minimize the cost for test chamber hardware the 10 inch diameter 
water cooled nozzle was used, and a new 8 inch diameter steel 
bomb chamber fabricated. 

A. Dosi.gn Deflrii), ion 


1. (Tore Patttjrn 

The design rationale for the 8 inch injector diameter was to 
retain, wherever possible, the design features of the highly 
successful 10 inch diameter injector. Various tradeoffs were 
completed to establish triplet element arrangement and j^uantlty 
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including pressure map comparisons. The major design paran.eters 
are summarized in Table 1 which also includes a comparison of 5 
inch diameter injector designs with 7. 6 and 5 rows of triplet 
elements. 

The primary concern with the smaller diameter injector was t'r.e 
injection element pattern compression since only of the 
injection surface is available with the 8 incii diameter design. 

The natural tendency is to decrease the number of elem.e:its as 
the diameter decreases. It is most desirable, however to iro- 
vi'e a large number of triplet elements to assure high perfor- 
mance and preferably the same number as used on the 10 inch 
diameter design. The design studies revealed a 7 row, I 96 
element injector was practical by designing narrower, but deeper 
propellant supply manifolds at the injector face. Tradeoffs 
were made between various triplet element configurations with 
the preference to retain the same type elements used on the 10 
inch diameter injec<"ors. Figure XII-1 shows a comparison of 
the narrower manifolus for a 7 and 6 row, 8 inch diameter con- 
figuration with the 10 inch diameter configuration of S/N 2 
injector. Impingement distance, impingement angle, stream 
velocity, manifold p pellant velocities, and orifice entrance 
location and conditions are the major design parameters critical 
to the injection element. The 10 inch diameter injection element 
has a 0.397 impingement distance with the fuel orifice Inlets 
located in the center of the fuel manifold and an impingement 
half angle of 32*’. OME type injector S/N 1, which has the same 
performance level as S/N 2 has an impingement angle of 28° . The 
0 inch diameter, 7 row configuration shown in Figure XII-1 
reveals the fuel orifice inlet location closer to the Thifold 
wall. 

To determine what influence, if any, the location of fuel 
orifice inlet to manifold wall had on flow characteristics, a 
flow model was designed, fabricated and evaluated. This flow 
model was a simple but effective device that simulated the inner 
fuel manifold configuration for the 8 inch diameter, 7 row injector 
design. Three types of element configurations with two elements 
each were provided in half of the flow model. The design provided 
for identical flow area and velocity and fuel orifice/manifold 
wall relationship anticipated on the final design. Figure XII-2 
and Figure XII-3 identify the flow model and the element config- 
uration. Flow tests revealed no flow descrepancies with the 
narrower but deeper manifolds and closer position of the fuel 
orifice inlet to the manifold wall. 

A pressure map study was made of various element/row conf i giarations 
f' '■•omj/ar 5 son wii h the 10 in^’h diameter inj'/'-tor [/ressurc map. 
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TABLE 1 

8 INCH DIAMETER INJECTOR DESIGN 


INJECTOR CORE DESIGN COMPARISON 




10 INCH 

8 INCH 

8 INCH 

8 INCH 



DIAMETER 

DIAMETER 

DIAMETER 

DIAMETER 



(S/N 2 ) 

(7 ROW) 

(6 ROW) 

(5 ROW) 

DIAMETER (INCH) 

10 

8.2 

8.2 

8.2 

THRUST (LBS) 

6 ^ 00 

6000 

6000 

6000 

ELEMENT TYPE 

TRIPLET 

TRIPLET 

TRIPLET 

TRIPLET 

NUMBER OF ELEMENTS (PRIMARY) 

196 

196 

156 

144 

THRUST/ELEMENT (LBS) 

31 

31 

38.5 

40.8 

OX MANIFOLD VELOCITY (FT/SEC) 

8 

8 

8 

8 

FUEL 

MANIFOLD VELOCITY (PT/SEC) 

9.5 

9.5 

9.5 

9.5 

PROPELLANT FLOW/A^ (LBS/IN^) 

0.24 

0.35 

0.35 

0.35 

rRJI-®ER OF ELEMENT ROWS 

7 

7 

6 

5 

ELEMENT CONFIGURATION 
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IMPINGEMENT DISTANCE (INCH) 

0.397 

0.397 

0.397 

0.397 

t 

IMPINGEMENT ANGLE ( 0 ) 

32 

28 

32 

32 

• 

OX ORIFICE DIAMETER (INC) 

0 . 0492 / 0.0465 

0 . 0492 / 0.0465 

0.055 

0.57 

• 

FUEL ORIFICE DIA. (INCH) 

0.0295/C. 0276 

0.0295/0.0276 

0.033 

0.34 

• 

L/D OX 

4.0 

4.0 

4.0 

4.0 

• 

L/D FUEL 

5.0 

5.0 

5.0 

5.0 

• 

AP OX (PSI) 

41 

41 

41 

41 

• 

AP FUEL (PSI) { 2 % ) 

43.5 

43.5 

43.5 

43.5 

• 

FACE RING WIDTH (INCH) 

0.250 

0.190 

O .220 

0 . 300 











/9i. 

//c/r ^ 

/A/cer 


-Af/fZ£/A A/^e<S 
UA/£ 0/>/9r^SS'/ 


, 3<b93' 4^7305^'/ /^i/ec Af/^/Z/ZiaUt <T«^<«e 

/ 









XII- 














Ball Aerospace Company 


The similar and acceptable comparison between the two 7 
configurations with the same number of elements (1?6) is 
shown in Figure XII-4. 

Based upon the tradeoff studies, flow model tests and pressure 
map comparisons, the 7 row, 196 element triplet pattern was 
selected for the 8 inch diameter injector design. To allow 
positioning of the fuel orifice inlet as close to the manifold 
center as possible and not exceed the impingement angle range 
of 28“ to 32" used on the successful 10 inch diameter inJectv'Ts 
S/N 1 and S/N 2, a 28° impingement angle was used. The same 
impingement distance and orifice diameters used on the 10 inch 
diameter injector were incorporated, (Table II and Figure XII-5) • 

B. Film Coolant Orifices 

The film coolant orifice configuration of the 10 inch was also 
used on the 8 inch diameter injector. A total of 48, .0197 inch 
diameter orifices equally spaced between the 48 outer triplet 
elements provide for a fuel flow of approximately 2^^ of the 
total propellants. This propellant is injected through the 
combustor at a 5° wall impingement angle. 

C. Acoustic Cavity 

The acoustic cavity design for the 8 inch injector incorporated 
all the same options of the 10 inch injector with the added 
flexibility of an increased cavity depth. The cavity depth was 
increased to 2.5 inches to provide for a very substantial 
increase over that tested on the 10 inch diameter injector. The 
depth increase was required due to ^'he uncertainty of the cavity 
temperature relation to the speed of sound (density and conse- 
quent damping as a 1/4 wave tube). The depth of approximately 
2 1/2 inches corresp nd to a 1/4 wave tube depth for temperatures 
recorded in the 10 inch diameter hardware. Although this feature 
was provided by design, subsequent testing never used a depth of 
more than 1.6 Inches. The provision for this cavity depth did 
result in one other design characteristic, that being the very 
"thick" appearance of the injector with the long radial full 
inlet feed holes. This manifold arrangement was made to be 
compatible with the NASA-JSC 8 inch diameter regeneratively 
cooled chamber. The cavity width was selected as 0.5 inches 
based upon successful experience reported wi1h the Rocketdyne 
8 inch diameter injector. Acoustic cavity iniet variations 
were also provided by changing the insert (8693-943176-1) shown 
also in Figure XII-5. The resulting Injector design is siiown 
in Figure XII-5. 
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FIGURE XII-4 









TABLE II 


INJECTOR COMPARISON 


f- 



10" INJECTOR 

8" INJECTOR 

Total Num-jer of Elements 

1\>6 ^ 

l.»o 

A 

Number of Element Rows 

t 

( 

Impingement From F^ce 

. .397"'- ' 
■ (32*) 

. 39?" 
( 28 ") 

Nominal Pace Ping Width 

’*.230" 

.220" 

Pressure Drro Across Oi - .-e 
^psi) 

45 

(Both Sides) 

45 

(Both Sides) 

Primary Oxidizer Orifice 

.0^92" 
(148 Holes) 

.0492" 

(148 Holes) 

Primary Fuel Orifice 

,0295” 
(296 Holes) 

.0295" 

(296 holes) 

Fuel Film Coolant 

.019?" 
(48 Holes) 

. 0197 " 

(48 Holes) 

Minimum Oxidizer Orifice 
t/D 

3.:^6 

3 . -96 

Minimum Fuel Orifice 1/D 

5.1 

5.1 

. 
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D. Teat Chairoer 

A new steel chamber design was used that allowed the interface 
with the new 8 inch diameter injector and the available 10 
inch diameter water cooled nozzle, as shown in Figure XII-5. 

This chamber Incorporated the same bomb port/pressure transducer 
capability as used on the 10 inch diameter chamber. The nozzle 
was water cooled with individual outlet temperatures measuring 
longitudinal segments heat rejection. 

1. lost Results 


In the interest of economy, tests were combined on the 8 inch 
injector evaluation program to produce stability, performance 
and heat rejection all in one group of tests. The initial 
question to be answered was the performance level, for without 
performance all the other recorded parameters were somewhat 
academic. Next, if performance was achieved, then stable operation 
at some reasonable heat rejection was considered- Since recent 
designs for competing 8 inch diameter chambers h«id been conducted 
in lengthened combustors, the initial tests of this series were 
conducted in such a chamber. The injector to throat length of 
this chamber was approximately 16 inch yielding a 31 L* combustor. 
The second series of tests was conducted with the 8693-^70125-7 
spacer removed. The result was testing in an approximately 13 
inch chamber length with a 26 L* chamber. The test results in 
either case were extremely encouraging. The data obtained from 
the tests using the 8 inch injector are tabulated in Tabl- TII. 

2. Performance 

■flie initial tests (Runs through 4613) were conducted on 

the longer chamber. The test c* presented results from a 
chamber pressuie measured in the acoustic cavity and corrected 
to the entrance to the nozzle. Unfortunately, the limited 
funding on the program did not allow the use of expanded nozzles 
for thrust measurements, therefore the performance assessment 
has been done using the combustion efficiency (c*). 

Although the test sample is limited, the test resrlts were 
reasonably consistanc and indicated that the performance goal 
was actually exceeded. The original performance goal for this 
injector was unofficially considered to be approximately 97 /^ 
x'ith no real ’’guess” as to the effect of the short chamber. 

The performance noted was above 985 ^ and only a few (I 5 ) feet 
per second decrease for the reduced length. These rest Its more 
than justified the design care exercised in the injector. 

Comparable per^ormar by selected runs are indicated in Table IV. 
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TABLE 111 

MODEL 669.^ OME - S IWCH DIAMETER IHJECTOR S/H 1 - STABILITY 

TKT 

Ir.jector: -i-: rs-‘> s 'ti 1 Chamtep Dectlons -ia&-5, -7, -9 A^ = 26.103 In^j Bomb Size - 6,8 grain PETHj Adaptor - 170-lj 

Acouatlc hlng - lot-1; Cooled Nozzle /'OOI 6 -I S/N 1; Test Condltlont^ - Sea Level Ambient 
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( 1 ) Average of ? hlr^est chamber Klstler Valves (Kj, K 2 # K^) above S.S. Pc 
{^) Average of Pc’s ^ md (corr factor 0.955) also used for C* calculation, 

♦Performance data at 5.5 sec, data point for normal duration testst as Indicated on short duration tests 
( i) longest damp time from all K Pc's for bomb number Indicated 
Boml dMa legend: >' Bomb detonated 

X Bomb caused Instability 

Xt* Bo.nb detonated thermally 

N Bomb did not detonate (bad bomb -did burn) 

(S) Nozzle aren used for w/A • ?P 1.60 In,^ 

{ UscJ FllT 

( , .A'/erige of all acoustic temperatures: Tests ^6l^-^6l9» All ^ 6 was N. 0. 




Ben Aerospace Com|i8fiy 




TABUE 

IV 




Injector 

P 

0/F 


Chamber 

To Throat 


Run No. 

Diameter 

Length 

(Psia) 

(Mixture Ratio) 

4610 

8.2 

15.^) 

126.6 

1.67 

4614 

8.2 

12.8 

127.6 


4604 

10 

12.8 

127 

i .00 


c* 


^636 

‘■158'-) 


The interesting data from these tests was tho lack of }'orforj:’ance 
decrease noted when the shorter chamber was used. Literature 
information using this chamber had indicated significant }:erfor- 
mance changes in going to the longer combustor. The ccaclusicn, 
which i.iust be preliminary in view of the small data base, v.'as 
that the combustion process had adequate volume in the twelve 
in-'h length and longer chamber was not really required. 

The further examination of the 10 inch injector c* should also 
be made. During the 4609-4619 test series, the injector tested 
was with fuel film cooling, but also some face damage was observed 
resulting from bomb shrapnel. The lower than expected performance 
may have been attributed to the f’^m cooling but it is considered 
more likely to be a result of periorraance calibration de-emphasis 
for the bomb tests and/or orifice distortion due to the shrapnel 
effects. As a consequence, it is felt that the 5589 ft/sec is 
pessimistic for the design, and that the previously recorded value 
for this injector with vortex cooling is more accurate. In that 
case the 10 inch injector would have a c* near the 5650 ft/sec 
recorded at WSTF, and would have approximately the same performance 
recorded for the 8 inch injector. 

3. Stability Results 

The acoustic damper configuration tested on the 8 inch diameter 
injector was incorporated as a direct result of the 10 inch 
diameter testing conducted in Task XIV. The configuration tested 
was one of two stable configurations defined in Figure X^V-6. 

No attempt was made to optimize this damper as neither available 
time or funding was available for that activity. 

The flush fin damper configuration was selected over the full 
fin configuration for simplicity considerations. In the 10 
inch injector testing, substantial erosion of the uncooied fins 
occurred during testing while little if any erosion of the flush 
fins took place. For hardware stability and simpljeity, the 
uncooled arrangement fFigure XIT-0 was selected). 
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FIGURE XII-6 

ACOUSTIC CAVITY TEST CONFIGURATION 
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The results of the bomb tests are also shown in the tabulated 
data of Table III. In addition, a diagramatic depiction of 
the tests are shown in Figure XII-2. 

The tests conducted in both the long arid short chamber were 
conducted at conditions found more sensitive at the 10 inch 
diameter. Since the 10 inch injector bomb sensitivity was found 
primarily at lean mixture ratios, most of the investigation was 
at those (oxidizer rich) operating conditions. No sensitivity 
was found on these bomb tests. All tests remained stable. Due to 
the limited testing conducted, the stabilizing area was not 
reduced to produce a limit. Unfortunately due to this lack of 
limits, no direct comparison could be made between the 8 inch and 
10 inch instability. 

The tests we'^.r also examined for low f'requ' ri'‘y 'nstabilit/ ar.d 
for ''football" tyf/e starts. The- "foc/t.tia I ! " l./fvj start .8 ss 
approximately '/)0 hz frequency), was rioted ori test '•-'2 7 wbe-re 
a chamber pressure of less than 1>D0 {»sia oo’curred. Th-c:c- os-il- 
lations are typical of limiting combination of operating ;>ri')i.- 
tions such as lean (mixture ratio) operation and low charr.ber 


XII-14 



Belt Aerospace Company 


\ 


TASK XV 

STABILITY TEST RESULTS 
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pressure. Both conditions produce a low fuel pressure drop 
which has previously been limited to about 23 psi. This test 
produced a fuel pressure drop of approximately 20 psi and the 
start oscillations resulted. The oscillations damped on this 
■ ost and were not observed on other tests which maintained a 
higher fuel pressure drop. 

The water cooled nozzle data for both the 10 inch and 8 inch 
diameter injectors were examined in order to ascertain the 
effects on the local heating rates. In order to compare the 
results the measured total heating rate was used to predict the 
heat flux at the throat station and this value was then corrected 
to the nominal chamber pressure and mixture ratio. 

The ratio of the heat flux at the throat to the total heating 
rate was found using theoretical gas side heat transfer cceffic- 
eints. The ratio was found to be 0.006 308 (l/in^) for the 10 
inch injector and 0.008044 (l/ln2) for the 8 inch injector. 

In order to correct for chamber pressure and mixture ratio {which 
effects the percent barrier flow), a previously developed regres- 
sion fit of test data was used. The equation is 

Qc^Pc‘®/f 

This equation was used to correct all the test data to the 
nominal chamber pressure of ]2b psia and 2 percent barrier at a 
mixture ratio of I.65. The following table presents the results 
of the testing. 


Injector 

Diameter 

Barrier 

Chamber 

Length 

Throat Sys"» em 
Heat Flux -Average 

Number Of 
Tests 
Averaged 

10 in. 

Vortex 

I'j in. 

3.095 Btu/in sec 

7 

10 

Axia.i 

12 

3.253 

18 

8 

Axial 

12 

3.306 

4 

8 

Axial 

16 

3.325 

3 


It is seen that for the .. .al injection of the barrier the heat 
flux was about percent nlgher than the vortex barrier for the 
10 inch diameter injector. The 8 inc'h injector showed slightly 
higher heat flux; about 2 percent more tiian for the 10 inch 
1 njee tor. 
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RECOMMENDATIONS AND CONCLUSIONS 


The testing and analysis performed on this contract was extensive 
and encompassed many elements of rocket engine technology. The 
successful demonstration of both computor techniques and operating 
designs indicated the design Inputs for the study to be basically 
sound and the resulting hardware useful. On the basis of this 
program the following conclusions are made. 

1. The computor techniques used to perform the origirial 
program studies were adequate although in many cases the "least” 
sophisticated techniques for the analysis were used. The exten- 
sive data accumulated for the original trade-off studies would 
have been impossible to accomplish without the logical simpli- 
fication incorporated. However, the analytical program outputs 
agreed closely with the finally demonstrated hardware defending 
the methods and offering reduced cost techniques to performing 
extensive tradeoff studies. 

2. The insulated colxunbivun thrust chamber demonstration was 
adequate to prove useful operation, and the achievement of the 
original design goals. The vortex cooling used with the engine 
was considered to be superior in cooling capability to the 
commonly used axially injected "film" cooling. The program test 
results provide data for an engine which could be readily con- 
structed to provide performance of some 310 seconds Isp in an 
Cwfi application. 

3. The triplet injector concept also provided the basis for a 
regeneratively cooled chamber operating at a level of 317 
seconds Isp. Limit stability testing of this injector with 
heated propellants indicated a substantial stability margin 
and a capability of operation under unusual conditions. The 
flat face design also incorporates a simplicity of noth 
installation and fabrication in comparison to a stable baffled 
injector. The design information for this 6000 lb. thrust engine 
is readily available and could be used as required. 

4. The preliminary testing conducted with the 8 inch diameter 
in.jector was sufficient to show a high level of performance 
acti iovoment arid stability. The testing performed confirmed the 
selection of injection parameters used and also indicated a 
VJry much lower sensitivit:, to chamber length than originally 
anticipated. The results of these tests were sufficiently 
encouraging to recommend further te3t!n(> 
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RECOMMENDATIONS 

On the basis of the eight inch injector tests conducted the 
following recommendations are made to provide complete informa- 
tion on this design. 

1. Perform altitude performance tests at WSTF with the injector 
available, and In a NASA provided regene rat ively cooled thrust 
chamber. This data confirmation would provide the "certainty” 
of performance to justify further testing. 

2. Conduct "limit" combustion stability testing wltl» the 
injector and a variety of acoustic cavi>.y combinations. This 
infomation would provide a basis of final acoustic cavity 
sizing. 

3 . The final recommendation is to fabricate a stainless steel 
injector of the 8.2 inch design. Although the altiminum injector 
has performed in a completely satisfactory manner, long duration 
requirements dictate the final use of a stainless steel or 

an equivalent structural material. The construction of such 
an injector would complete the identification of the 8.2 inch 
injector for performance, stability and fabrication. 
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